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GENERAL SUMMARY

This report is a consideration of power plant requirements as applied to a satellite
rocket study and is separated into two parts for convenience and clarity. PART A deals
with the main thrusting and guiding rocket motors, whereas PART B is devoted to the aux-

iliary power supply which energizes the electrical payload.

Each of the two parts has its own separate, detailed summary: see pages 1 and 31.

vii
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SATELLITE ROCKET POWER PLANT

PART A. MAIN ROCKET POWER PLANT

I. SUMMARY

Each stage of the proposed three-stage satellite rocket will have its own com-
plete power plant. The results of a study for a power plant for each stage which will
meet the requirements of the trajectory’, structural weight?, and fuel® studies are
outlined below. The motors were designed for a constant propellant flow rate. A
power plant which would produce constant acceleration in the second and third stages
of the satellite rocket would reduce the overall gross weight of the vehicle about
9%'. his power plant study was completed before it became apparent that such a
constant acceleration motor might be feasible for these stages without undue com-
plication or increase in motor weight (see Appendix XIII). The propellants used
throughout this study are hydrazine and liquid oxygen in a mole ratio of 1.5 : 1.

BTAGE 1

A pump-fed rocket power plant is used with vaporized liquid oxygen to maintain a
given minimum pressure in the oxygen tank, and helium from a high pressure supply to
maintain that pressure in the hydrazine tank.

In addition to the main rocket motor, four smaller rocket motors,the axes of
thrust of which can be controlled, are used for satellite attitude control. Jet vanes
are not used.

All motors are supplied with propellants by the same turbine-centrifugal pump
system. All motors are regeneratively cooled.

BTAGE 11

A pump-fed rocket power plant isused with helium froma high pressure supply main-
taining a given minimum pressure in both the oxygen and hydrazine tanks. Four control
motors, equally spaced about the main motor, are again used.

All motors are supplied with propellants by the same pumping system. The centri-
fugal pumping system will be started in sufficient time to allow full propellant
pressure to be available to the rocket motors at the end of stage separation. As at
the time of stage separation the propellants are in a relatively acceleration-free
condition, a small gas bag is incorporated in each of the propellant tanks to take
up any excess volume not occupied by the propellants. This insures that the pro-
pellants will be in the lines leading to the pumps. All motors are regeneratively
cooled.

For references see page 109,
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STAGE IIX

In this stage there is a period of coasting during which the main rocket motor
is shut off and after which it is again started and operated for a few seconds. During
the coasting period it is desirable to operate the control rocket motors to maintain
attitude control. For this reason two separate propellant supply systems are used
in this stage, one for the main rocket motor and the other for the control motors.
These are described separately:

Main Rocket Motor

A pump-fed rocket power plant is used,similar to that of stage II,with the added
provision for complete shut-down and restarting.

Control Rocket Motors

A pressurized rocket power plant is used throughout the stage III trajectory.
The propellant tanks are pressurized to a value which will produce the required com-
bustion chamber pressure. Small gas bags in the propellant tanks are again needed
to insure that there is propellant in the delivery lines during stage separation.

Due to the large ratio of surface area to rate of propellant flow of these motors,
regenerative cooling cannot be accomplished without some means of reducing the rate
of heat flow through the motor walls. It will be necessary to ceramic line, sweat
cool, or film cool these motors.

II. LIST OF SYMBOLS FOR PART A

7 = efficiency

C = theoretical thrust coefficient

€. = actual thrust coefﬁcient

p, = combustion chamber pressure, psia
p, = external staFic pressure, psia

= throat area, sq in.

= initial gross weight of a given stage, including the succeeding stages as pay
load, 1b

n. = initial number of g’s (acceleration of gravity at sea level = 32.174 ft/sec?®)

d, = throat diameter of motor, in.

d = combustion chamber diameter of motor, in.

d

= nozzle exit diameter, in.
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length of combustion chamber of motor, in.

1l

length of converging section of nozzle, in.

i

length of diverging section of nozzle, in.

]

overall length of rocket motor, in.
= combustion chamber volume, cu in.
characteristic length of combustion chamber, in.

h" r:l\q.\ N}‘\ ”Nn)\

it

initial total thrust for given stage, lbs

III. INTRODUCTION

The optimum trajectory, gross weight, and fuel system studies presented in ref-
erences 1, 2, and 3 have determined the requirements for a satellite rocket which
will establish its payload on an orbit about the earth at an altitude of 350 miles.
As hydrazine and liquid oxygen were selected as propellants, these requirements call
for a three-stage rocket vehicle‘*’. The power plant which uses these propellants in
this satellite rocket is described in this report. '

The requirements of a satellite power plant are that it be able to lift its own
weight, the weight of the propellants, structure, and payload, to overcome the drag
in the lower atmosphere, and to accelerate the payload to an orbital velocity of
23,500 feet per second at an altitude of 350 miles. The ramjet, turbo-jet, solid
propellant rocket, and liquid propellant rocket were the high speed propulsion devices
considered. Inasmuch as the maximum ceiling of an air-consuming engine is only about
eleven miles and as it was desired to use a power plant with a minimum weight and
minimum complexity of construction and cperation, a liquid-propellant, punp-fed rocket
power plant was chosen. Using hydrazine and liquid oxygen as the propellants in this
power plant, the trajectory' and structural weight® studies have resulted in a satel-
lite vehicle with a reasonable gross weight (86,400 pounds). The propellant studies’
indicate that there are a number of possible propellant systems which will give com-
parable or lower gross weights. The hydrazine-liquid oxygen system was chosen for
the satellite rocket because of its relatively high specific impulse, high density,
and ease of handling in tanks, plumbing, pumps, and valves.

The feasibility, the description, and the problems encountered in the power
plant for the satellite rocket using hydrazine-liquid oxygen are discussed in the
report.

(£) A staged rocket is defined as one in which a complete rocket assembly (comsisting
of power plant, fuels, amnd structure) carries as its payload another complete rocket
assembly. At the end of burning of the firast assembly the two assemblies sre separated
from one another and the second proceeds alone.
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The following pertinent factors are considered in detail:
a. Throatless vs conventional motors

b. Advisability of using multiple motors in each stage rather than a single
large motor

c. PRocket motors whose thrust axis can be adjusted relative to the flight path
vs jet vanes for attitude contrel of the satellite rocket

d, BRocket motor sizes and shapes
e. Gas-fed vs pump-fed propellant delivery system
£, The pumping problem

g The problem of quick and reliable starting and continued operation of the
propellant supply system under both the accelerated and acceleration free
conditions.

IV. ANALYSIS AND DISCUSSION

A. GENERAL DISCUSSION

1. General Bocket Power Plant

In general a pump-fed rocket power plant consists of, in addition to the rocket
motor itself and its propellants, a turbine and pump assembly with fuel for the tur-
bine, gas to pressurize the turbine fuel tank and gas to maintain a certain minimum
pressure in the propellant tanks, along with associated valves and piping. This
general arrangement is used in stages I and Il and for the main rocket motor of stage

III. ‘

The control rocket motors of stage III are operated as pressurized rockets. Such
a system consists of, in addition to the rocket motors, only the propellants for the
rocket motors, gas to pressurize the propellants to such pressure as required for
delivery to the combustion chamber, and associated valves and piping.

2. Requirements of a Satellite Rocket Power Plant

The satellite studies on trajectories®, structural weights®, and fuels® resulted
in the parameters given in Table I which are useful in the design of the power plants

of the three stages.
4
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Table 1.
DESIGN PARAMETERS FOR THREE-STAGE SATELLITE VEHICLE
USING HYDBAZINE-LIQUID OXYGEN
o = e —— = —=
Stage 1 Stage 11 Stage 111
Initial gross weight, 1b 86, 400. 18,600. 4615.
Initial load factor 1.44 1.72 1.72
Final load factor 5.0 5.0 5.0
Ratio of propellant weight to gross weight . 6532 .6532 .6532
Initial effective specific impulse, sec 243. 298.2 296.7
Final effective specific impulse, sec 287.5 298.2 296.7
Mixture ratio (weight of hydrazine to weight
of oxygen) 1.8 1.3 1.5
Burning time, sec 112, 114.9 (A) 101.0
(B} 13.7
Propel lant consumption, lb/sec 512. 107.5 26.4
Control thrust to total thrust 0.706 0.150 0.0151

From these data the unknowns such as total weight of propellant, weight rate flow of
propellant, the number and size of rocket motors, the power and size of the turbine-
pump assemblies, high pressure gas requirements, and the volumes of all the tanks can
be determined. From these results the kind and quantity of turbine fuel, the method
of motor cooling, and the method of operation of the power plant may be specified.

Before the rocket motors themselves can be designed it is necessary to answer
several general questions such as whether to use throatless type(i rocket motor
combustion chambers or the conventional type, whether multiple motors for a given
stage or one large motor be used, and whether jet vanes will be used for attitude
control of the satellite rocket.

3. Throatleas Rocket Motors

The use of throatless motors was considered because these motors have a higher
thrust-weight ratio than the conventional throated motor. But analysis (see Appendix
I) indicates that the loss in motor efficiency is greater than the saving in motor
weight, especially for motors of long duration. Therefore, all the motors in the
designed satellite vehicle have throated converging-diverging nozzles.

4. Multiple Rocket Motors

The question of whether one or more than one motor shall supply the required
thrust in a given stage is a problem of weighing the advantages and disadvantages of

() Throatless type rocket motor refers to one in which she combustion chamber diameter
is equal to the tgron. diameter of the nozile used.
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each. In general, multiple motors would have the following advantages:

1. Easier to manufacture due to smaller size (except in the very low thrust
range: thrust < 100 pounds),

2. Easier to test and experimentally develop.
3. Thrust may be varied by operating a different number of motors.

4. The per cent saving in weight of the nozzle as given by

100 (1 - -1-)
Vn
where ®m is the number of motors (see Appendix I11).

5. If the total throat area is larger than .00725 (L*)?, multiple motors re-
sult in lighter combustion chamber shells. (See Appendix III for the assumptions
made. )

6. Thinner walls mean less temperature gradient and therefore less thermal
stresses in the smaller motors.

7. Some of the multiple motors may be pivot-mounted so as to provide complete
attitude control for the rocket vehicle.

+

In general, mltiple rocket motors have the following disadvantages:

1. Creater complication of plumbing and operation, particularly the difficulty
of simultaneous starting.

2. Greater space requirements in vehicle.

3, If the motors become too small, the ratio of surface area to propellant flow
becomes so great that it is no longer possible to cool the motor solely by the
regenerative principle.

4. If the total throat area is smaller than .00725 (L*)®, multiple motors re-
sult in heavier combustion chamber shells. (See Appendix III.)

Based on these advantages and disadvantages, the use of multiple motors in at
least stages I and II of the satellite rocket appears desirable. However, the optimum
sizes and number of motors per stage were compromised for reasons of arrangement,
simplicity, and attitude control.

5. Control Rocket Motors vs Jet Vanes

For attitude control of rocket vehicles, jet vanes have generally been used in
the past. An analytical investigation {see Appendix IV) indicates that auxiliary
rocket motors, pivot nnunted‘t), would be more desirable than jet vanes for steering
the satellite rocket. .

et Rocket motors whose thrust axis can be adjuated relative to the flight path for
attitude control.

6
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The primary advantage accruing with control rocket motors for attitude control
is that the use of control motors would eliminate the high parasitic and angle of
attack drag losses associated with jet vanes as discussed in Appendix IV. The problem
of cooling long duration jet vanes would not be encountered. Weight saving will be
gained by not using the heavy carbon jet vanes because the total weight of multiple
motors per stage, including flexible propellant lines, should be at least as small as
one large motor. By the use of large control motors, compared to the main motor, all
the advantages of multiple motors discussed above may be gained. Furthermore, the
requirements of the adopted trajectory call for vehicle control with the main motor
off in stage III. This requirement is met simply Ly control motors, but if jet vanes
were used a separate device for attitude control would be required during coasting
as, of course, the main rocket motor is not operating during this time, hence the jet
vanes are ineffective.

As a result of these considerations, control motors are used in all three stages
of the satellite vehicle.

B. DESIGN OF ROCKET MOTORS FOR THE SATELLITE ROCKET

1. General Arrangement and Number of Rocket Motors

With the general background of the preceding section, the specific motors for
the 86,400-1b hydrazine-liquid oxygen three-stage satellite vehicle may be designed.
To simplify the control of yaw, pitch, and roll, four control motors are equally
spaced about the main motor in each stage as shown in Fig. 1. The amount of thrust
required from each of the control motors, based on a maximum deflection of 15 degrees,
was determined from a study of control forces and moments required*. The ratio of
control thrust to total thrust per stage is given in Table I. The control motors
were designed just large enough to give the required thrust. Therefore, the full
utilization of the advantages of multiple motors has not been achieved. The control
motors are kept as small as possible because of this consideration: a large thrust
from the control motor means only a small angular displacement is necessary for atti-
tude control. When this necessary displacement becomes very small, it becomes of
the same order of magnitude as the error in the deflection sensing device, and then
the servo-motors cannot give the proper control.

2. Throat Ares Required

For the determination of the dimensions of the individual moters, it is necessary
to know the total motor throat area required for each stage. This is found from the
general expression for rocket thrust

F=C .m .mp.p, .A,. (1)

th

where

thh = theoretical thrust coefficient =

yti -1

-1 e .
22\ | [ e fPe - Po\ A (2)
-1 \r+l P P, At
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Ty = efficiency factor which eccounts for the loss due to the transverse com-
ponent of the exhaust velocity

Mg = efficiency factor vhich includes the following in this analysis:
1. Fricticnal losses in the combustion chamber and nozzle
2. Burning efficiency

3. Deviations from the sdiabatic expansion process (heat loss
through shell, etc.)

4. Loss in thrust due to deflection of the control motors from the
thrust axis (a maximum of 2%}.

The thrust required at the start of each stage is simply

F=Wn, . (3)

The total throat area per stage is (combining Eqs. (1) and (3))

¥.n,
S . S— {4)
cpthnyn“pc

The values of W, n;, end p, are cbtained from the optimum grossweight studies’'?,
and are listed in Table II. '

Table II
THROAT AREA REQUIRED PER STAGE OF SATELLITE ROCKET
———— — — n——
Gross Wt | Initial | Thrust Chamber | Theoretical
Load Pressure Thrust
Stage lbs Factor ibs psia Coefficient % % sq in.
Lf, ng F P, Cr,\ T | T A,
I* ‘ 86,400 1.44 124,400 400 1.39 99.58 90.5 249
11 18,638 1.72 32,100 300 1.76 8.5 | 90.5 69
III 4,615 1.72 7.940 150 1.76 98.5 90.5 33.6

% Yalues for take-off at ses level.

The values of Cp were calculated from Eq. (2). (Note that the value of Cp . for
t

. t
stage I, 1.39, is for sea level.)} The motor efficiency, Tps which was defined above,
was assumed to be equal to 0.905 for all motors.

10
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In order to obtain the highest value of Ty, the diverging portion of the de Laval
exhaust nozzle is designed according to ref. 6. This design provides that for a given
pressure ratio and nozzle length over throat diameter ratio, the maximum possible
thrust will be produced. Essentially this means that for the given conditions the
incremental velocity vectors of the exhaust jet are more nearly parallel to the cen-
tral thrust axis than with any other nozzle contour. Stage I of the satellite rocket
has a mean expansion ratio very close to 0.02 and stages II and III operate with
ratios approximately equal to zero. Therefore, the 0.02 and 0.00 contours and their
efficiencies were used in all the satellite motors and are reproduced from ref. 6 in
Fig. 2. The nozzle efficiency referred to above is denoted by 7 and is defined as
follows:

Cfth(for expansion to a given area ratio, parallel-flow exhaust)

(5)

Mg * My X -
CFth(for complete expansion, parallel-flow exhaust)

100
STAGE 3

L

P

90

STAGE X &a 1IN

—
.—v"’
”
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-—
/“
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70 et - 3
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= =0.00
P

c — 4

—

-
—
J——

e
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NOZZLE CONTOURS AND EFFICIENCIES FOR BEST POSSIBLE
DIVERGENT SECTION OF NOZZLE

Fle. 2
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The p,/p, = 0.02 contour at a Jg/dt ratio of 2.76 gives the efficiency Tg = 99.4%
and from Eq. {5 Ty is found to be 99.5%. This contour and length over diameter ratio
is used in stage I motors. However, the Po/Pc = 0.00 curve was shown only to a »gydt
ratio of 2.05 in ref. 6 and this ratio gives a value of 7p = 77.6%. As a better
efficiency is desired, the contour and efficiency are extrapolated in Fig. 2, as
suggested in the reference, to an JZ/d‘ ratio of 4.25 which gives an area ratio of
15. This results in the efficiencies of 7g = B2.4% and My = 98.5%. The possibility
of error in the efficiency and contour at the new area ratio is recognized. These
curves may be accurately calculated by a lengthy mathematical process which was not
done for this paper but which would be necessary before such a nozzle could be built.
The important items obtained from Fig. 2 are the length and shape of the nozzles
which will give reasonably high-efficiencies (neglecting the absolute values of these

efficiencies).

The length of the nozzles described in this report were determined only from the
consideration of the 7, and the weight. A further study should be conducted to de-
termine the optimum lengths with the friction losses and the cooling requirements
also taken into consideration.

With all the values now known for Eq. (4), the total throat area per stage may
be calculated and is given in Table II.

3. Bocket Motor Dimensioas

The dimension notation and general shape of the rocket motors for the satellite
rocket are given in Fig. 3. Inasmuch as the thrust determines the throat area, all
the dimensions are given as a function of the throat diameter.

L

2,

30° (ENTRY
ANGLE)

GENERAL LAYOUT AND NOTATION USED (N ROCKET
MOTOR DESIGN

Fig. 3
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Combustion Chamber Diameter

An area ratio of 6.25 based on current rocket design practice is chosen for the
canverging portion of the exhaust nozzle, therefore,

d, = 2.5d, » (6)

except where 2.5 d, = d, < -€?2.4. In this case d_ is taken as a€/2.4. This is done
to prevent the combustion chamber aspect ratio from becoming excessive in the small
motors.

Length of the Converging Section of Nozzle

The entry angle of the nozzle is chosen as large as possible in order to reduce
the length of the nozzle, but this angle should not be too large or the throat curva-
ture will be too sharp. This is undesirable for two reasons: first, greater diffi-
culties with nozzle erosion will be experienced; second, the transition between
subsonic and supersonic flow will move downstream from the throat resulting in sepa-
ration losses at the sharp throat profile. Previous testing of various rocket motors
has indicated that 30° is a good compromise value for the entry angle. The length
of the converging section of the nozzle is then

AL - L cow 30° (d, - d,) M

This straight-sided cone in the actual motor would be faired at both ends as
shown roughly in Fig. 3. It is particularly impcrtant that the fairing between the
cone and the throat produce parallel flow at the throat.

Length of Combustion Chasber

The length of the combustion chamber can be determined from one of two parameters
which are characteristic of the propellant used. These parameters are relative vol-
ume, which is the ratio of combustion chamber volume, V_, to the rate of propellant
consumption and characteristic length, L*, which is the ratio of the combustion
chamber volume to throat area. Inasmuch as the throat area is proportional to the
propellant flow rate, these parameters are practically identical. They both are
proportional to the chemical reaction rate of a given combination of propellants. If
the combustion volume is assumed to include the converging portion of the nozzle, the
length of the cylindrical portion of the combustion chamber is found as follows:

d? md?
VC=L~ 4!=,€ 4C4.l/31y.!; 1/4 (d’:‘dcdt +d";) s
vy - Lo a3 L (e ad e i)
. g2
f:Ld‘-.{L(d’+dd*d”)- (8)
¢ di Sdi ¢ et H

The characteristic length, L®, is at present unknown for the hydrazine and
liquid-oxygen combination and must be experimentally determined. The value of L*
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estimated for this propellant combination is 70 inches. This estimate was based on
known values of L* for the acid-aniline and alcohol-oxygen systems. When the correct
value of L* has been determined the necessary adjustment in . may be made.

Length of the Diverging Portion of the Nozzle

The .'_lengt.h of the diverging portion of the nozzle is obtained by multiplying the
{/d‘ ratio {(obtained from Fig. 2) for the proper pressure ratio by the throat diameter.

Exit Diameter of Exhaust Nozzle

The exit diameter of the exhaust nozzle is obtained by multiplying the d /d,
ratio (obtained from Fig. 2) for the proper pressure ratio by the throat diameter.
The actual shapes of the diverging portion of the nozzles will follow the contours
given in ref. 6 and reproduced in Fig. 2.

The dimensions of the main and control motors in all the stages have been cal-
culated as outlined above and the results are given in Table III.

Table II1
ROCKET MOTOR DIMENSIONS FOR SATELLITE VEHICLE
—ee—
" Diameters (in.) Lengths (in.)
Thrust
Sta o per |Throat| Exit | Comb. | Comb. Converging|Diverging|Overall
ge ter | Motor Chamber|Chamber| Nozzle Nozzle
lbs
dt &c dc Ic 11 12 '!a
1 Main 36,400 9.67 23.2 24.2 4.65 12.6 26.7 43.95
Control | 22,000 | 7.46 17.9 18.66 6.15 9.73 20.6 36.48
I1 Main 27,300 | 8.64 | 33.3 21.6 5.34 11.27 36.5 §3.11
Control 1,200 1.817 7.01 4,54 9.97 2.37 7.67 20.01
111 Main 7,820 6.48 25.0 16.20 6.82 8.46 27.3 42,58
Control 30 0.398 1.538 1.605 3.86 1.05 1.68 6.59

The relative size of the main and control motors in each stage is also given in
Table III. The thrust in the first stage is supplied by five motors in this propor-
tion: 1 -1 -1 -1- 1,68, This division of size gives most of the multiple motor
rdvantages and allows the combustion chambers to approach the optimum shape in stage
I {(see Appendix III).

In the second stage, the main motor is mmuch larger than the control motors.
This mesns that the proportioning in stage II is quite different from the optimum.
However, as is pointed out in the discussion of multiple motors, some of their advan-
tages disappear when the total thrust decreases. Hence, the weight penalty incurred

14
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by not using optimum multiple motors is not so great as in stage I. Another reason
for using small control motors in stage I1I, besides the one of control precision
previously discussed, is the composite nozzle exit diameter consideration. With the
present atrangement of the stage I oxygen tank arcund the stage II motors (see Fig. 1),
the stage II trailing edge forms the maximum diameter of the satellite rocket. It is
desirable from an aerodynamic standpoint to keep this dismeter at a reasonably low
value. The equal division of thrust to the five motors in stage 1I, without the use
of a heavier notched oxygen tank, would greatly increase this diameter.

In stage III the control motors are made small for three reasons. There is
again the precision of control, and it is egain desirable to keep the vehicle diameter
a minimum value at this station. The other reason is that the control motors must
operate during seven minutes of coasting and it 1s imperative that the propellant
consumption be very small during this period. The main motor in stage III has the
optimum combustion chamber shape if an L*® of 70 inches is essumed. This is most
important in stage III because a saving in motor weight here means an equivalent
increase in useful payload. The control motors in this stage, each producing 30
pounds of thrust, are about the size of the smallest liquid rocket motor which has
been built te date.

The largest individuel motor recommended for the satellite rocket is required
to produce 36,400 pounds of thrust. It is of interest to note that this is only 66%
as much as the thrust produced by the German A-4.

Predicted Performance of Rocket Motors

A summary of the predicted performance of the motors of the satellite rocket is
given in Table IV,

4.

Table IV

PREDICTED PERFORMANCE OF THE ROCKET MOTORS OF THE SATELLITE VEHICLE
(Control and Main)

Specific | Est. Actual |Effective|Character-|Chamber] Exit
Specific] Propellant {Thrust|{ Thrust Exhaust | istic Area tolArea to
Stage | Thrust | Impulse [Consumption|Weight|{Coefficient| Velocity | Velocity | Throat|Throat
Ratio Area | Area
1bs sec 1/sec Cp ft/sec ft/sec
1 124,400 243° 00412 | 713,271 1.25 7810 6250 6.25 | 5.76
11 32,100 298.2 .00335 80.0 1.56 9600 6150 6.25 15.0
111 7.940 296.7 .00337 80.0 1.56 9540 6110 6.25t 15.0

* Take-off values (sea level)

* Ratio of chamber area to throat area in the control motars of stage 111 is 16.25.

In stages [

and Il this ratio is the same for both the main and control motors and is 6.25.
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S.  Motor Cooling

As the density of heat flow (BIU per sq in. per sec) is unknown at present for
rocket motors using hydrazine and liquid oxygen in a molecular ratio of 1.5 as pro-
pellants, a detailed analysis of the problem of cooling these motors is impossible at
this time. However, an indication of whether the rocket motors can be cooled regen-
eratively can be obtained by assuming a value of the average density of heat flow
based on known values for various propellant combinations and the difference in
combustion temperature.

The investigation (Appendix V) is based on an overall rise of coolant tempera-
ture, a specific heat of 0.583 BIU/# °F for hydrazine (the coolant) and an average
density of heat flow of 1-1/2 BIU per sq in. per sec. The assumption is made that
the most difficult condition for regeneratively cooling a rocket motor is that of a
low thrust motor operated at low chamber pressure and exhausting to a vacuum {large
surface area, and low rate of propellant flow which is the condition of the rocket
motors of stage III). The sample calculation in Appendix V indicates that all of the
motors can probably be successfully regeneratively cooled with the exception of the
control rocket motors in stage III. These motors require same method of reducing the
average density of heat flow from the hot combustion gases to the cooling liquid
which is hydrazine if the coolant is not to boil in the coolant chamber. A possible
solution would be the use of a ceramic liner on the inner surface of the motor walls.
However, further research in this direction is necessary because of the high com-
bustion temperature.

The proper design of the injectors and the combustion chamber also reduces the
density of heat flow. This, in addition to the use of ceramic liners, should provide
a solution to the cooling problem. If this does not provide a solution it will be
necessary to sweat cool or film cool the motors. Sweat and film cooling have the
disadvantage that the coolant used for this purpose does not produce as much thrust
as when burned directly in the chamber. It is true the percentage of coolant used
in this manner is small, but it is significant from a weight standpoint for a long
duration rocket.

C. PROPELLANT DELIVERY SYSTEM

1. Pump-Feed vs Gas-Feed

A propellant delivery system for a three-stage satellite vehicle must meet the
varying requirements of each stage and result in a minimum vehicle gross weight. With
this end in view an optimum study of gas-feed and pump-feed propellant delivery
systems was conducted and is described herein. The system chosen for each stage was
based on the minimum weight and operational reliability considerations.

Gas-Feed Systenm

In this system, gas stored at a high pressure is used to pressurize the propel-
lant tank to a pressure large enough to give the desired combustion chamber pressure.
Nitrogen has been used as this high pressure gas in the past. For the satellite

rocket, helium is recommended because it is lighter in weight for a given volume, and
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it is much less soluble in liquid oxygen than is nitrogen. The weight of helium (if
it is stored at 3000 psi) required to pressurize a tank of volume Vp tc a pressure

Py, is

(%)

|4 p
W = 6.45x 10°° 2% (1+ Pp ).
HE 15 3000

This weight of helium plus the weight and size of the helium tanks for each
stage may be found graphically in Appendix VI,

Quick stopping and starting of the rocket motors is readily accomplished by the
use of the gas-pressure feed system.

Punp-Feed System

In this system, the propellants are stored at a low pressure (approximately one
atmosphere) and a pump raises the propellant pressure to the desired feed value. For
most of the propellant flow rates and pressures required in the satellite rocket
motors, a high speed, two-stage centrifugal pump directly driven by a gas turbine is
indicated as being the lightest pumping system. In order to give the desired quick
motor starting, it is necessary to bring the turbine and pumps up to speed prior to
the time the propellants are needed. This is possible with centrifugal pumps without
a recirculating line, as a centrifugal pump may be operated with its discharge line
closed for a short period without overheating the pump. However, a fecirculating
line will probably be necessary around the oxygen pump, otherwise enough oxygen will
boil off during starting to produce a vapor lock. It is also necessary in this system
to replace the propellants in the tanks with gas (helium or oxygen) in order to keep
the pressure high enough to prevent cavitation at the pump inlet.

Puap-Feed vs Gas-Feed

An investigation was conducted to determine the optimum propellant tank pressure
for each of the stages from a weight standpoint (see Appendix VII}. The results are
given in Figs. 4, 5, and 6. From Figs. 4 and § it is readily seen that a pump-feed
system with the propellant tank pressure at 15 psi would result in the lowest rocket
gross weight in stages I and II. In stage III (Fig. 6), however, the advantage of
the pump-feed system over the gas-feed system is very marginal. But in this investi-
gation the tanks were considered spherical and if the actual shapes of the tanks had
been used, the fully and partly gas pressurized system weights would have been greater.
Therefore, in all three stages of the satellite rocket, a turbine-pump arrangement
similar to that used in the German A-4 has been used to raise the propellant tank
pressure of 15 psi to this required feed pressure. An exception to this is the control
rocket motors in stage III which use a complete gas-feed system having a weight of
about 8 pounds, but this weight increase is justifiable in order to simplify the
third stage operation.

2.  Power and Size of Turbine and Pumps

The power and size of the turbine and pumps required in each stage are calculated
in Appendix VII. The results are given in Table V.

17
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Table V

PUMPS AND TURBINES FOR THE SATELLITE ROCKET

Hydrazine Centrifugal Pumps |Oxygen Centrifugal Pumps
Turbine | Overall [Max.|Hydrogen-
Power | Speed|Dia.|Efficiency| Power | Speed |[Efficiency| Power JLength of|Dia.|Peroxide
Stage [Output Output Output | Turbine | of {Required
and Pumps|Unit
HP | FPM | in. % HP RPM % HP in. in.j 1lbs
I {568 4590 24.8 65 311 4590 61 1384 45 30 429
Two Stage Two Stage
IT 193.7 6720 13.0 53 0.5 6720 47 284.3 26 14 84.4
Two Stage Two Stage
III 12.2 77160 9.4 57 6.0 7760 50 33.4 20 10 10.6
Single Stage Single Stage

As is shown in Appendix VI, the diameters were determined by using a similarity re-
lation between the desired centrifugal pump and an existing centrifugal pump. A
specific speed was chosen for each pump which would result in high efficiency without
making the actual speed excessive. The actual speeds and the efficiencies were then
determined from these specific speeds and the desired capacities and pressure heads.
In stages I and II a two-stage pump is necessary for both propellants, but in stage
IIT a single-stage pump can give the desired head. The turbine and pumps in each
stage were designed to operate at the same speed, making the use of reduction gears
unnecessary.

The oxygen pump bearings may be lubricated by liquid oxygen. If the hydrazine
pump bearings cannot be lubricated by the hydrazine itself, a grease must be found
which will not react with hydrazine. Hydrazine is known to dissolve sulphur which
is present in small quantities in most greases.

In stages I and II the turbine, besides driving the pumps, will drive a generator
which will provide power for the servo-motors which position the rocket control
motors. In stage IIT this power will come from lightweight, short duration batteries.
A separate auxiliary power plant will supply power for the instruments and telemetering
equipment during the entire trajectory.

3. Turbine Fuel Requirements

A 90% solution of hydrogen-peroxide is suggested as the fuel in the gas generator
for the turbine. This propellant has a heat content of 1137 BIU/1b and a cambustion
temperature of 1786°R” which is about the maximum allowable temperature for present
turbine materials. However, as the operational life of the turbines will be of the
order of one or two minutes, higher temperatures and stresses may be allowed than in
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a turbine designed for long duration operation. On the other hand, inasmuch as the
weight of turbine fuel required is only about 7/1000 of the weight of the propellants,
any saving of turbine fuel weight due to higher energy fuels, and consequently higher
turbine temperatures, will not affect the gross weight of the vehicle appreciably.
Though research on the turbine blade metals to enable higher reaction temperatures,
as well as research to find fuels with high specific impulses at a given temperature
is desirable, it is not imperative. A mono-propellant, such as hydrogen-peroxide, is
preferable to a fuel requiring an oxidizer and possibly a coolant additive, in view
of the increased difficulty of precisely governing the turbine speed when two or more
propellants have to be regulated. Furthermore, the products of the peroxide reaction
are all gaseous and hence there is little possibility of eroding the turbine blades
with solid particles. With the turbine power required, the efficiencies, and the
heat content of the turbine fuel all known, the weight of turbine fuel required may
be found and is given in Table V.

4. Heat Exchanger to Maintain Oxygen Tank Pressure in Stage I at One Atmosphere

The weight of the helium and helium tank can be reduced in stage I by the use of
a heat exchanger (similar to the one used on the A-4) to vaporize a portion of the
oxygen to keep the oxygen tank at a pressure of one atmosphere. About 1/258 of the
liquid oxygen flow rate will have to be bled through the heat exchange and led to
the main oxygen tank as gaseous oxygen. An examination of the use of heat exchangers
for stages II and III indicated that the saving in helium and helium tank weights is
so small that in these stages the extra complexity due to heat exchangers was not
warranted.

D. METHOD OF OPERATION OF THE ROCKET POWER PLANT

In a liquid rocket type of heat engine, the moving parts consist only of the
propellants themselves and the valves and pumps which control their movement. The
prime requisites are that the initiation of flow be prampt and reliable, that the flow
coucinue steady and uninterrupted during the entire burning period, and that the
cessation of flow be sharply defined sc there will not be a rough explosive step.
These objectives, plus the varied requirements in each stage of the satellite rocket,
governed the design of the fuel systems shown in Figs. 7, 8, and 9.

1. Stage I Method of Operation

Fig. 7 is a schematic diagram of the stage I fuel system. The filling and oper-
ation of this system is described below:

Filling
Fuel Tank - F-11, a hand-operated vent valve and F-12, a hand-operated
filling valve, are opened. The fuel is forced into the tank by a pump in the

ground servicing equipment. Upon completion of the filling operation, F-11
and F-12 are closed.

Oxidizer Tank - 0-11, a hand-operated vent valve and 0-12, a hand-operated
filling valve, are opened. The oxidizer is forced into the tank by a pump in
the ground servicing equipment. Upon completion of the filling operation,

0-11 and 0-12 are closed.
20
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Turbine Fuel Tank - T-11, a hand-operated vent valve and T-12, a hand-
operated filling valve, are opened. The turbine fuel is forced into the tank
by a pump in the ground servicing equipment. Upon completion of the filling
operation, T-11 and T-12 are closed.

Gas Pressure Tanks - The gas tanks are pressurized by ground servicing
equipment through valves G-11 and G-11A,

Operation

G-12 and G-12A, solenoid valves, are opened allowing high pressure gas to
flow from the gas tank into G-13 and G-13A, pressure reducing and regulator
valves. Gas at various lower pressures is taken from G-13 and G-13A in three
lines.

The line from G-13 leads directly to the fuel and oxidizer tanks in order
to maintain a certain minimum pressure within these tanks throughout operation.
Check valves, G-14 and G-15, are in the lines to prevent any gaseous fuel and
oxidizer from cowming together in the gas pressure lines. At the end of stage I
operation the helium supply pressure for G-13 is reduced to about 20 psi.

One line from G-13A leads through check valveG-17 to pressurize the turbine
fuel tank throughout operation. A second line from G-13A supplies pressure to
the pneumatically operated valves in the system, At the end of stage I operation
the helium supply pressure for G-13A is reduced only to about 420 psi. G-16, a
solenoid valve, is opened allowing the gas to open pneumatic valves T-13, 0-13,
F-13, and to operate the electrically controlled valves O-16 and F-14.

When T-13 is opened the pressurized turbine fuel flows through check valve
T-14 into the turbine combustion chamber, where it is sprayed against the catalyst-
lined walls of the chamber. The hot gaseous products of combustion operate the
turbine for driving the fuel and oxidizer pumps. T-14 prevents the products of
combustion from flowing back into the turbine fuel tank. After being exhausted
from the turbine the hot gases pass through the heat exchanger to the atmosphere.

When F-13 is opened, gravity plus the one atmosphere pressure of helium
above the fuel forces the fuel into the centrifugal fuel pump. The fuel is then
pumped through F-14 into the cooling jackets and the combustion chambers of the
motors. F-14 is an electrically controlled, pneumatically operated valve used
to vary the fuel flow during the starting operation on the ground.

When 0-13 is open, the oxidizer flows into the centrifugal oxidizer pump
and is pumped into two lines. One of these lines leads through 0-16 to the
combustion chamber. O-16 is an electrically controlled, pneumatically operated
valve used to vary the oxidizer flow during the starting operation. A small
oxidizer line leads through check valve 0-14 into the heat exchanger, where the
hot turbine exhaust gases transform the oxidizer to the gaseous state. 0-14
prevents the gaseous oxidizer from flowing back into the line leading to the
motor. The gaseous oxidizer is led from the heat exchanger through check valve
0-15 back to pressurize the oxidizer tank. O-15 prevents the initial pressur-
izing gas of the pressure regulator from escaping out of the oxidizer tank before
the turbine begins to operate. O0-17 is a pressure relief valve preventing the
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pressure in the oxidizer tank from reaching excessively high values. The motoras
in stage I are allowed to run for about 5 seconds at 1/3 thrust. Then, if the
turbine and the five motors are operating properly and there are no leaks,
combination valve O-16 and F-14 is opened to give full thrust and take-off
commences. No allowance has been made in the satellite gross weight for the
propellant consumption during this warm-up, but since this weight is consumed
before take-off it will not influence the trajectory calculations. It only
means that the stage I propellant tanks must be about 5% larger than is shown
in Fig. 2. The power plant is now allowed to run a given length of time based
on a constant fuel flow rate and a given initial amount of fuel, the values of
which are determined from trajectory considerations. At the end of the pre-
determined powered-flight time, oxidizer valve 0-16 is closed and combustion ia
precisely ended. The first stage is then separated from the second and third
stages.

2. Stage IT Method of Operation
Filling
Fuel Tank - F-21, a hand-operated vent valve and F-22, a hand-operated
filling valve, are opened. The fuel is forced into the tank by a pump in the

ground servicing equipment. Upon completion of the filling operation, F-21
and F-22 are closed.

Oxidizer Tank - 0-21, a hand-operated vent valve and 0-22, a hand-operated
filling valve, are opened. The oxidizer is forced into the tank by a pump in
the ground servicing equipment. Upon completion of the filling operation 0-21
and O0-22 are closed.

Turbine Fuel Tank - T-21, a hand-operated vent valve and T-22, a hand-oper-
ated filling valve, are opened. The turbine fuel is forced into the tank by
a pump in the ground servicing equipment. Upon completion of the filling
operation T-21 and T-22 are closed.

Gas Pressure Tank - The gas tanks are pressurized by ground servicing equip-
ment through valves G-21 and G-2lA.

Operation

G-22 and G-22A, solenoid valves, are opened allowing the high pressure gas
to flow from the gas tank into G-23 and G-23A, pressure reducing and regulating
valves. Gas at various lower pressures is taken from G-23 and G-23A in three
lines.

The line from G-23 leads to the fuel and oxidizer tanks through solenoid
valves G-29 and G-28 in order to maintain a certain minimum pressure within
those tanks throughout operation. Check valves G-24 and G-25 are in the lines
to prevent any gaseous fuel and oxidizer from coming together in the gas pressure
lines.

A unique condition exists at the beginning of stages II and III. When the
vehicle is coasting, the propellants and propellant tanks have zero apparent
gravity. Therefore, if helium is applied to the top of the tank it is hnot
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certain whether helium or propellant will enter the pump feed line. To make
sure that propellant will enter this feed line a small gas bag is incorporated
in the fuel and oxidizer tanks. Gas from G-23 is fed directly to these bags
which expand and take up any excess volume in the tank and thus force the fuels
into the fuel lines leading to the rocket motor as far as pneumatically operated
valves 0-23 and F-23,

This same condition exists in the case of the turbine fuel tanks. Though
the turbine is started for stage II during the latter part of burning of stage I,
at the end of burning of stage I the turbine fuel and fuel tank of stage Il are
also being acted upon only by gravity, and there is a possibility that the pres-
surizing gas might enter the turbine fuel feed line and hence stop the turbine.
For this reason it has been necessary to incorporate a small gas bag in the
turbine fuel tank. Thus gas from G-23A is fed directly from check valve G-27 to
the gas bag in the turbine fuel tank until the stage II motors begin to produce
thrust, after which solenoid valve G-210is opened allowing the gas to pressurize
the turbine fuel directly.

A second line from G-23A supplies pressure to the pneumatically operated
valves in the system.

G-26, a solenoid valve, is opened allowing the gas to open pneumatic valves
T-23, 0-23, and F-23. At this time solenoid valves G-28 and G-29 are opened,
allowing the gas from G-23 to pressurize the oxidirer and fuel tanks directly.
When T-23 is opened, the pressurized turbine fuel flows into the turbine com-
bustion chamber where it is sprayed against the catalyst-lined walls of the
chamber. The hot gaseous products of combustion operate the turbine for driving
the fuel and oxidizer pumps. Check valve T-24 prevents the products of com-
bustion from flowing back into the turbine fuel tank. After being exhausted
from the turbine the hot gases pass directly to the atmosphere.

When F-23 is opened, the pressurized fuel flows into the centrifugal fuel
pump and is pumped to the electrically controlled pneumatically operated valve
F-24. Similarly, when 0-23 is opened, the pressurized oxidizer flows into the
centrifugal oxidizer pump and is pumped to 0-26. The fuel and oxidizer are
stopped at F-24 and 0-26 in order that the turbine may develop its full power
during stage separation without having propellant combustion in the rocket motor.

F-24 and 0-26, which are used to regulate the fuel and oxidizer flow during
the starting operation, are now opened and fuel and oxidizer are admitted to the
combustion chamber.

The power plant is allowed to run a2 given length of time based on constant
fuel flow rate and a given initial amount of fuel which values are determined
from trajectory considerations.

At the end of the predetermined powered-flight time, oxidizer valve 0-26 is
closed and combustion is precisely ended. The second stage is then separated
from the third stage.
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Stage IIT Method of Operation
Filling

Fuel Tank - F-31, a hand-operated vent valve and F-32, a hand operated
filling valve, are opened. The fuel is forced into the tank by a pump in the
ground servicing equipment. Upon completion of the filling operation, F-31
and F-32 are closed.

Oxidizer Tank - 0-31, a hand-operated vent valve and 0-32, a hand-operated
filling valve, are opened. The oxidizer is forced into the tank by a pump in
the ground servicing equipment. Upon completion of the filling operation 0-31
and 0-32 are closed.

Auxiliary Fuel Tank - F-31A, a hand-operated vent valve and F-32A, a hand
operated filling valve, are opened. The fuel is forced into the tank by a pump
in the ground servicing equipment. Upon completion of the filling operation,
F-31A and F-32A are closed.

Auxiliary Oxidizer Tank - 0-31A, a hand-operated vent valve and 0-32A, a
hand operated filling valve, are opened. The oxidizer is forced into the tank
by a pump in the ground servicing equipment. Upon completion of the filling
pperation, 0-31A and 0-32A are closed.

Turbine Fuel Tank - T-31, a hand.operated vent valve and T-32, a hand oper-
ated filling valve, are opened. The turbine fuel is forced into the tenk by
a pump in the ground servicing equipment. Upon completion of the filling
operation, T-31 and T-32 are closed.

Gas Pressure Tanks - The gas tanks are pressurized by ground servicing
pquipment through valves G-31 and G-3]A.

QOperation

In this case a separate fuel system is provided for the main rocket motor
and another for the control rocket motors. They will be discussed separately.

Main Rocket Motor - G-32 and G-32A, solenoid valves are opened, allowing
the high pressure gas to flow from the gas tanks into G-33 and G-33A pressure
reducing and regulating valves. Gas at various lower pressures is taken from
G-33 and G-33A in five lines. The line from G-33 leads to the main fuel and
oxidizer tanks through solenocid valves G-38 and G-39 in order to maintain a
certain minimum pressure within these tanks throughout operation. Check valves
G-34, G-35 are in the lines to prevent any gaseous fuel and oxidizer from coming
together in the gas pressure lines,

Inasmuch as this power plant is also required to start when the vehicle is
not accelerating as well as restart after a period of coasting, gas bags are
incorporated in the fuel and oxidizer tanks. However, these bags differ from
those in stage II in that they are sufficiently large when expanded to fill the
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whole volume of each tank and the propellants are never pressurized by the gas
directly. Gas from G-33 is fed directly to these bags which expand and take up
any excess volume in the tank and thus force the fuels into the fuel lines lead-
ing to the rocket motor as far as the pneumatically operated valves 0-33 and F-33.

Again the turbine fuel tank requires a gas bag for the same reasons as dis-
cussed in stage II; however, as above, this gas bag is alsc large enough when
expanded to fill the whole volume of the turbine fuel tank and the turbine fuel
is never pressurized by the gas directly.

One line from G-33A leads from the pressure regulator through check valve
G-37 to pressurize the turbine fuel tank throughout operation.

A second line from G-33A supplies pressure to the pneumatically operated
valves in the system.

A third line from G-33A leads to the auxiliary fuel tank ITIA to pressurize
it sufficiently to be operated as a component of the pressurized fuel system
used for the control racket motors.

A fourth line from G-33A leads vu the auxiliary oxidizer tank IIIA to enable
it to operate as the other component of the pressurized fuel system mentioned
above.

When this power plant is to be started, G-36, a solencid valve, is opened
allowing gas to open T-33, F-33, and 0-33. When T-33 is opened, the pressurized
turbine fuel flows inte the turbine combustion chamber where it is sprayed
against the catalyst-lined walls of the chamber. The hot gaseous products of
combustion operate the turbine for driving the fuel and oxidizer pumps to supply
fuel and oxadizer to the main rocket motor only. Check valve T-34 prevents the
products of combustion from flowing back into the turbine fuel tank. After
being exhausted from the turbine, the hot gases pass directly to the atmosphere,

%hen F-33 is opened, the pressurized fuel Ylows into the centrifugal fuel
pump and is pumped to the electrically controlled pneumatically operated valve
F-34. Similarly when 0-33 is opened the pressurized oxidizer flows into the
centrifugal oxidizer pump and is pumped to the electrically controlled, pneu-
matically operated valve 0-34. The fuel and oxidizer are stopped at F-34 and
0-34 in order that the turbine may develop full power during stage separation
without having propellant combustion in the rocket motor. Solenoid-controlled
valves F-34 and 0-34 which are used to regulate the fuel and oxidizer flow are
now opened and fuel and oxidizer are admitted to the main motor and combustion
starts.

It is now desired that the main rocket moter be stopped. 0-34 is closed,
stopping the flow of oxidizer to the motor. The turbine is permitted to run for

- a few seconds to pump fuel through the cooling jacket of the motor to absorb

the heat from the last part of the combustion. Then F-34 is closed, stopping the
flow of fuel to the motor.
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Solenoid G-36 is closed, shutting off gas supply to pneumatic valves T-33,
F-33, and 0-33. Solenoid valves G-310, G-311, and G-312 are opened, permitting
gas pressure to escape from 0-33, T-33, and F-33, respectively, and thus close
those valves, and the plant is shut down.

After a period of coasting it is desired that the main rocket motor be
started again. This is accomplished as before, starting with the opening of
solenoid valve G-36,

The power plant is now allowed to run a given length of time based on con-
stant fuel flow rate and a given initial amount of fuel, which values are deter-
mined from trajectory consideration,

Due to the undesirable effect of a rocket motor explosion in this stage,
because of unabsorbed heat at the end of combustion, the power plant will be
completely shut down in the same manner as described in the first part of stage
IIT end not similarly to stage I and II.

Control Rocket Motors - G-32A, solenoid valve, is opened, allowing the high
pressure gas to flow from the gas tank into G-33A, a pressure reducing and
regulating valve. For the operation of the control motors, gas is taken from
G-33A in three lines. One line leads directly to the auxiliary fuel tank to
pressure it sufficiently to be operated as a component of the pressurized fuel
system. A second line leads to the auxiliary oxidizer tank to enable it to
operate as the other component of the pressurized fuel system mentioned above.
A third line supplies pressure to the pneumatically operated valves in the
system.

As these motors are required to start when the rocket vehicle is not accel-
erating, gas bags are incorporated in the fuel and oxidizer tanks. Gas from
G-33A is fed directly to these bags which expand and take up any excess volume
in the tank and thus force the fuels into the fuel lines leading to the rocket
motors as far as the electrically controlled, pneumatically operated valves F-34A
and 0-34A. When it is desired that these motors be started, F-34A and 0-34A,
simultaneously with F-34 and 0-34, are opened and the fuel and oxidizer are
admitted to the combustion chamber through filters and combustion starts. Fil-
ters are necessary in this stage because of the small size of the control rocket
motors and the consequent small size of the injectors with their inherent danger
of clogging.

F-34A and O-34A are used to regulate the flow of fuel and oxidizer to the
motors during the starting operation. These motors are allowed to run a given
length of time based on constant fuel flow rate and a given initial amount of
fuel, values of which are determined from trajectory considerations. Thesa
control motors will operate constantly during the two powered portions, as well
as the coasting portion of stage III. To stop the motors 0-34A is closed,
stopping the flow of oxidizer. Fuel is permitted to continue to flow through
the cooling jacket and thus absorb the heat from the last part of the combustion.
Then F-34A is closed, stopping the flow of fuel to the motors.
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Y. CONCLUSIONS AND BRECOMMENDATIONS

Rocket power plants can be built which will propel a staged rocket vehicle to a
satellite orbit at an altitude of 350 miles. The power plants recommended here con-
sist of five regeneratively cooled liquid rockets in each of the three stages. The
fuel used is liquid oxygen and hydrazine. The steering of the vehicle is accomplished
by the pivot mounting and control of the four smaller rocket motors in each stage.
All rocket motors are fed by centrifugal pumps, except the stage III control motors
which are pressure fed with helium gas. The products of decomposition of 90% hydrogen-
peroxide operate a gas turbine which directly drives both propellant pumps. A small
amount of research plus the usual experimental development work neceasary for any
rocket power plant will be required before the final satellite power plant is con-
structed. The prime unknowns which must be determined are:

1. The heat flow density from a chamber containing the high temperature products
of combustion of hydrazine and liquid oxygen to the hydrazine in the coolant

Jacket.

2. The optimum combustion chamber volume to throat area ratio (L*) for the
bydrazine-liquid oxygen system (Alternatively the chemical reaction rate of

these propellants.)

3. The optimum nozzle length for each motor with 7, friction losses, nozzle
weight, and cooling requirements taken into consideration.

4. The optimum injector design based on the maximum combustion efficiency and
the minimum heat flux to the motor shell.
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PART B.

AUXILIARY POWER PLANT

I. SUMMARY

An suxiliary power plant is necessary in the satellite rocket to provide elect-
rical power for the operation of attitude control motors, data taking, radio contact,
and telemetering while the satellite is on its orbit and when the main rocket motors
are not operating. As essentially the same equipment will be used for data taking,
radio contact, and telemetering both on the ascending trajectory and on the orbit,
it was decided that the auxiliary power plant would provide the power required for
these functions during the ascent as well as on the orbit. In addition, this power
plant will also energize the sttitude control mechanism for the orbital flight,

A preliminary estimate of the power needed indicates 300 watts will be necessary,
and this figure is used in this study.

This study reveals that it is possible to construct a 300 watt power plant to
operate for an estimated required period, two weeks, within the allowable weight of 400
pounds. The power plant to meet these conditians is a radioactive cell (hsat source),
a low pressure mercury vapor turbine condensing system with an electrical generator,
and a mercury vapor radiant condenser. (Cooling is accomplished by radiation as there
is no atmosphere to provide conduction or convection at the orbit altitude of 350
miles.)

The total weight of this system is estimated to be 157 pounds. Therefore, if it
is thought desirable, the watt output of this system can be more than doubled and the
weight will still be below the allowable 400 pounds. Increasing the watt cutput is
beneficial as it increases the size of the turbine to be used, which is critically
small for 300 watts. Further, it will provide more power to accomplish the various
" requirements given above, and therefore simplify the equipment design problems.

There is sn alternative power plant which is within the weight limit which can
be used for auxiliary power; however,it will not provide power for the full two week
period, but only for about 5% days. This is the system wherein a gas turbine is
driven by the products of combustion of a chemical fuel at relatively high pressure.

To avoid difficulties in this case, with an extremely small turbine required for
continuous power output, a duty cycle is suggested in which power at a reasonable
level is generated for a short period and stored in a battery. Power requirements
are taken from the battery and when the battery reserve becomes low, the generator
is started again.
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II. INTRODUCTION

During the ascending trajectory and on the orbital path auxiliary power is re-

quired for satellite attitude control, radio contact, data taking, and telemetering.
Exa?c power requigements for these functiomns are at present unknown, however, quali-
tatively the requirements are as follows:

A.
1‘

ASCENDING TRAJECTCRY

Power for Data Taking Instruments

a. To provide information on satellite rocket performance
b. To provide scientific information of interest

Power for Communication

a. Radio beacons and receiver
b. Telemetering
¢. Doppler altimeter

Power for Satellite Attitude Control Mechanisms

a. Servo-indicator (gyroscopic)
b, Servo-amplifier
c. Servo-motors which position the rocket control motors

ORBITAL PATH

Power for Data Taking Instruments

a. To provide information on satellite rocket attitude
b. To provide scientific information of interest

Communication

a. Radio beacon and receiver
b. Telemetering
(These are the same instruments used in the ascending trajectory)

Power for Satellite Attitude Control Mechanism

Five molecular beam detectors to indicate pitch and yaw’

a,
b. Electro-magnetic coumpass to indicate roll
c. Device for indicating the variation of a and b and computing the correct

signal to be sent to the flywheel controls
d. Motors for rotating the flywheel controls.

During stages I and II of the satellite rocket an electrical generator coupled

to the main fuel pump turbine will supply all the power for the control mechanisms.
In stage I1I a light weight, short duration battery will supply the power for the
control mechanisms as well as for the Doppler altimeter which is used in the final
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powered portion of the trajectory after coasting to determine when altitude is con-
atant. A separate suxiliary power plant will be used to supply power for the com-
munication devices and data taking instruments during both the ascending trajectory
and orbital flight, and for the control mechanisms during orbital flight.

A preliminary estimate of the power which this auxiliary power plant will be
required to produce is 300 watts, if satellite rocket attitude is to be controlled
continuously and if data are to be taken and transmitted to the earth continuously.
This requirement of 300 watts is taken as a basis for evaluating the various systems
ronsidered.

The auxiliary power plant will be required to supply the necessary power for a
long duration (on the order of two weeks), in practically a vacuum, with no gravity
or acceleration forces available, and have a very small total weight (including fuel).
It is readily seen that no conventional power source can meet these severe conditions,
As a result, a number of unconventional power sources were investigated. These in-
clude a solar power plant, a high power electro-magnetic ground beam, an atomic pile,
a radicactive material, and chemical fuels. To make the energy from these sources
usable it is necessary to convert it to electrical power. Therefore, these energy
sources have been investigated for use with a turbine-generator and a thermopile.

1IT. ANALYSIS AND DISCUSSION

A. SOLAR POWER PLANT

The most obvious source of auxiliary power for the satellite rocket is the sun
itgelf. At the orbital altitude of 350 miles, practically none of the radiant energy
of the sun is absorbed by the earth’s atmosphere. However, the investigation made in
Appendix VIII shows that the entire projected area of the stage III satellite rocket
would intercept only enough radiant energy to supply 242 watts of useful electric
power. The present estimated power requirements for data taking, control, and tele-
metering is about 300 watts., But even if the power requirements are later reduced
to 242 watts, a solar absorber covering one side of the rocket vehicle would be very
heavy. To this weight must be added the weight of the working fluid, the boiler-feed
pump, the turbine, and a large condenser on the shady side of the vehicle. The
physical size of the solar absorber might be reduced by installing a large condensing
lens on the sunny side of the vehicle, but it is unlikely that this would result in
any overall weight reduction. Therefore, the solar power plant must be discarded
because of its inherently large weight.

B. HIGH ENERGY GROUND TRANSMITTERS

Another possibility for supplying power for the satellite is to transmit high-
frequency electro-magnetic waves from a series of ground stations sp{ced around tge
earth. An antenna on the satellite would intercept these waves producing an electric
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current. The order of magnitude of the power required by fourteen stations, located
at the equator, equally spaced about the earth, and which would transmit 300 watts
to the satellite with an orbital altitude of 350 miles, is now calculated. The
maximum distance from the vehicle to any ground station is approximately

. 3 , (25000\*
R \/(350) . ( X )

R = 1008 miles

The power output required from each of the ground stations in watts is

P = 477R2 S
Gx Aeff

where S = power required by satellite = 300 watts
G = gain of antenna over isotropic radiation = 10°

Aeff = effective area of receiver antenna = 10 square feet.

Therefore

p - 47 (5280 x 1008)* 300
10° X 10

= 10,7 x 10*° watts or 107,000 megawatts.

This excessive power requirement of 107,000 megawatts at each station excludes the
use of high energy ground beams for this purpose.

C. CHEMICAL FUEL-GAS TURBINE SYSTEM
1. Long, Continuous Operation System

The orbital power plant requiring the least amount of development is a chemical
fuel-gas turbine system similar to the system used for driving the pumps for the
rocket motors of the satellite vehicle. The decomposition products of hydrogen-
peroxide drive a turbine which drives an electrical generator instead of pumps. The
drawback to this system is the large weight of fuel required to operate the generator
for a long duration. If the generator is to supply 300 watts continuously for two
weeks, the total power plant weight would be 1455 pounds (see calculation 1 of Appen-
dix IX). This is larger than the combined auxiliary power plant and payload allotment
in the present design satellite vehicle, This weight might be reduced a few per cent
if a higher energy propellant system which will give the same combustion chamber
temperature were used, but the total weight would still be excessive. A higher tem-
perature than the 1786°R given by the decomposition of 90% H,0, cannot be tolerated
by present turbine materials for a long duration even though a partial admission
turbine is used. The difficulties in building the watch-porket size turbine required
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with a high efficiency would be very great. It is probable that a small reciprocating
engine which would supply the 0.47 horsepower required could be more readily made.
Also, a propellant combination with a higher chamber temperature could be tolerated
in a reciprocating engine thereby lowering the total fuel weight.

However, a miniature reciprocating engine with its large number of moving parts
is more likely to have a failure over a two week period than a gas turbine with its
one moving part.

2. Light-Weight Intermittent Operation Syatem

As an alternative to overcome small turbine size and large total fuel weight
difficulties, an intermittent power generation and telemetering cycle has been set up
(calculation 2 of Appendix IX) which includes a battery for storage of power. With
this duty cycle and a total power plant weight limited to 400 pounds, the duration of
contact between the earth and the satellite could continue for 136.7 hours and a 5 1/2
horsepower turbine could be used. If a stand-by turbine-generator is also included
in the 400 pounds {for greater reliability) the contact duration is reduced to 113.8
hours.

3. General Method of Operation

At the time of take-off, avalve would be opened allowing helium gas to pressurize
the turbine fuel tank. The hydrogen-peroxide would flow to the combustion chamber
where an injector sprays the peroxide on potassium-permanganate-impregnated walls.
The permanganate is a catalyst and therefore is not consumed in the reaction. But
for long duration operation the momentum of the hot gases striking the wall can be
expected to carry some of the catalyst out the exhaust. It is therefore necessary
to intermittently pressurize a small container of the catalyst and thereby replenish
the amount of catalyst in the walls.

The combustion gases then pass to the turbine through a nozzle diaphragm,whose
area is only a small fraction of the total area existing between the turbine buckets.
A partial admission turbine such as this makes posaible a small but still efficient
turbine and also helps cool the turbine blades.

The direct current generator which is driven by the turbine, feeds electrical
power to a storage battery or directly to the control mechanisms and electronic

devices.

D. ATOMIC ENERGY POWER PLANT
1. Pile of Fissionable Material

The main disadvantage of the chemical fuel system described above is that a long
duration power plant requires too large a weight of fuel. A much higher concentration
of energy can be obtained from a given weight of material if the atomic energy of the
material is utilized. An obvious method of using the energy of the neutron-chain-
reaction of fissionable materials is to use a uranium or plutonium pile. The heat
from this pile could be used to generate steam or mercury vapor in a boiler and then
operate a turbine-generator unit.
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However, the use of a pile for the auxiliary power plant has serious disadvan-
tages. The main disadvantage is the inherent inefficiency of a pile used to produce
the orbital power requirements of only 300 watts. There must be a minimum (critical)
mass of fissionable material present before the unit will operate, whether 300 or
30,000,000 watts are desired. Another disadvantage lies in the penetrating gamma-ray
and neutron emission which comes from such an atomic power plant. For use in the
satellite rocket, it is very desirable to have this power plant begin operation before
take-off so that a complete check-out can be made of the auxiliary power plant, con-
trol, and telemetering systems before the satellite leaves the ground. This means
that thick walls of shielding material would have to surround the power plant while
the crew prepared the rocket for launching.

2. Radiocactive Cell

However, if instead of using U-235 or plutonium directly, use is made of one of
the radioactive substances which are by-products of the plutonium manufacturing
process, all the above disadvantages can be eliminated. The by-product which most
closely meets the needs of the orbital power plant, according to a memorandum by
RAND consultants Alvarez, McMillan, and Serber, of Berkeley,''is radicactive strontium
89. The half-life of Sr B9 is 55 days and it emits beta rays with an upper limit of
1.52 mev. Also, it is believed that an adequate amount of Sr 89 already exists in
stored waste products. It would be very difficult to separate Sr fran the radiocactive
barium which emits strong gamma rays withahalf-life of 12,5 days. But if the fission
products are allowed to cool for 100 days or so, the shorter-lived barium will decay
greatly with respect to the Sr, so that the separation can be much more easily effect-
ed. Since there is so much activity at any one time in the cooling tanks, it is not
necessary to hurry the separation to make sure of getting the strontium out before it
has decayed too much.

The weight of strontium B9 required to produce 300 watts for two weeks is cal-
culated in Appendix X and is equal to 3.02 grams. The total weight of the radio-
active cell cannot be determined until the per cent concentration of the isotope,
which can be obtained at reasonable cost, is known; as well as the per cent dilution
which would be desirable to control the temperature when the strontium cell is in-
stalled in a power plant.

Two methods are suggested for converting the heat from the strontium cell into
electrical energy. These are a boiler, turbine-generator, and condenser - and a hot
and cold plate thermopile.

E. RADIOACTIVE CELL - MERCURY VAPOR SYSTEM

1. Description

Inasmuch as there is no cooling medium available in the upper atmosphere, the
greatest difficulty encountered in a satellite power plant using any vapor system is
the condensing of the vapor after it has expanded in a turbine. The only possible
method of condensing in the satellite is with the use of a radiant condenser. Since
the rate of heat transfer from a radiating surface is proportional to the fourth power
of the temperature, it is imperative that the working fluid condense at a high tem-

perature at the low turbine exhaust pressure. Therefore, the boiling point of the
working fluid should be high enough to permit sufficient heat transfer in the conden-
ser and at a low enough temperature-pressure combination to permit light boiler
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construction with existing materials. Mercury meets these requirements and was
therefore chosen as the working fluid. Also, considerable research and development
has already been done with mercury boilers and turbines.

In the mercury vapor cycle described in Appendix XI, the mercury is vaporized
in the radioactive cell boiler at an absolute pressure of 40 psi and a temperature
of 1245° R. The vapor is condensed at 5 psi and 1036° B. A higher cycle efficiency
~ may be obtained by the use of a higher boiler pressure and temperature, but the
efficiency is not critical in this strontium cell auxiliary power plant from a weight
standpoint, If the cycle efficiency was reduced by 1/2, the 300 watts power required
would still only require about 6 grams of strontium 89. On the other hand, operating
the mercury cycle at a low pressure has the following advantages:

1. Lower pressure reduces the weight of boiler tubes, piping, turbine casing,
and boiler feed pump.

2. Lower pressure results in a higher specific volume at the turbine inlet.
This is very important when designing a turbine small enocugh to operate on one
or two pounds of flow per minute.

3. The relatively lower operation temperature increases the duration of turbine
operation before failure can be expected.

The rate of heat released from the strontium cell cannot be stopped or even
varied, therefore, it is desirable to start the turbine-generator system when the
strontium cell and boiler coil are assembled so that the temperature of the strontium
cell nmy be maintained at some allowable value. Therefore, the auxiliary power plant
will operate on the ground before launching and during the ascending trajectory, as
well as during the orbital flight. The problem of keeping the condenser cool on the
ground can be solved simply by some cooling device external to the satellite itself.
But on the ascending trajectory the solution is not as simple. The condenser cannot
be located adjacent to the external skin of the stage III rocket because this skin
reaches temperatures of about 1300°R due to friction in the lower atmosphere. But
at the same time, if the condenser is to radiate the necessary amount of heat during
the orbital flight,it must be located on an external surface of the stage III vehicle.
Therefore, the condenser is Jocated around the motor compartment of stage 111. The
condenser will then be protected by the fuel tank of stage II in the lower atmosphere
and will he exposed to space during the stage III trajectory and during orbital flight.
During the ascending trajectory a cake of solid carbon dioxide can be spring-fed
against an area at the exit of the condenser coil at a rate which will condense but
not freeze the mercury. Making this conservative assumption, that the radiant con-
denser will not operate until the satellite is on the orbit after a fourteen-minute
trajectory, it will theoretically require about 9 pounds of carbon dioxide to condense
the mercury vapor assuming no heat addition except that released by the condensing
mercury vapor. The condenser consists of a corrugated 0.03-inch-thick steel plate
welded to a flat rectangular 0.03-inch-thick steel plate mounted in the motor com-
partment as shown in Fig. 1. When the satellite rocket is travelling in its orbit,
this condenser plate will be oriented parallel to the earth satellite radius vector
with the corrugations facing spaceward to obtain maximum heat dissipation. A sheet
of highly polished aluminum is located between the condenser and the stage III rocket
motors in order to intercept the heat radiated from the stage IIT rocket motors during
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their operation. The mechanics of vapor and fluid flow in a gravitationless con-
denser are not fully understood et the present time. However, it is believed that
the low adhesion and high surface tension properties of mercury will facilitate the
flow from the condenser inlet to the boiler feed pump inlet. Furthermore, inasmuch
as the flow cycle is started on the ground when gravity is present, it is believed
that flow will continue later in the absence of gravity, although restarting while
on the orbit is probably not possible. The flow rate of mercury, the heat which must
be radiated from the condenser, and the design of the condenser are given in Appendix
XI. The weight of this condenser and the estimated weights of the other units in the
radioactive-boiler, mercury-vapor system which will produce 300 watts are given below:

Weight in pounds

Mercury condenser 40
Mercury (working fluid) 50
Mercury turbine 15
Electrical gererator 12
Boiler feed pump and motor drive 5
Carbon dioxide cake and feed mechanism 15

Radiocactive boiler (includes boiler
tubes and strontium cell) 20

Total weight of the radioactive cell
and mercury vapor system 157 pounds

2. Method of Operation

Immediately after the assembly of the strontium cell and the mercury hoiler, the
boiler feed pump driven by a battery in the ground servicing unit will be started.
The entire auxiliary power plant may then be checked out by the ground crew. Also,
all the control mechanism and telemetering equipment may be checked out at the same
time. As soon as the mercury turbine acquires full speed the boiler feed pump motor
will be driven directly by power from the system's electric generator. The condenser
may be cooled by a water coil or carbon dioxide blocks during this ground operation.
As soon as the ground checks and adjustments have been made and the trajectory block
of carbon dioxide has been placed in its feed mechanism, the auxiliary power plant
is ready for satellite take-off. During the trajectory after stage II] separates from
stage II and after the carbon dioxide is consumed, the mercury vapor is condensed
solely by radiation from the condenser.

If the strontium 89 has decayed for 110 days before the rocket takes off as
assumed in Appendix X, the calculated strontium cell will produce 360 watts of elect-
rical power. If the maximum consumption of electtic power by the equipment is 300
watts, the extra 60 watts may be dissipated in an electrical resistance which would
be located as far as possible from the mercury condenser. At the end of fourteen days
the auxiliary power plant will produce only the required 300 watts. The strontium
would still have 100 watts available at the end of 102 days of orbital flight. But
the turbine and condenser will stop operating within a few days after the fourteenth
day, because the turbine and condenser cannot be expected to operate much below their
design conditions.
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F. RADIOACTIVE CELL - THERMOPILE SYSTEM

In order to utilize the reduced watt output of the strontium’s later days of
activity, as well as to avoid the other difficulties of the condenser and miniature
turbine, another means of power generation was investigated. This method would
consist of a thermopile with the hot junctions imbedded in a strontium 89 cell and
the cold junctions attached to a plate which will radiate heat out into space., This
thermopile circuit would feed power directly to the electronic equipment or indirectly
through a battery. In the past, the use of this thermo-electric effect to measure
temperature required only minute gquantities of power. However, by using two con-
ductors {or semi-conductors) which have a high thermo-electric power as the two wires
of the thermocouple, and by having a large number of thermocouples in series, it is
possible to produce a reasonable quantity of power.

Again, as in the case of the mercury vapor system, the important criteria of a
thermopile power plant in a satellite rocket are minimum weight and the amount of
heat which is lost by conduction through the wires and which must be radiated from
the vehicle. The general expressions for these criteria are developed in Appendix XII
and are given below.

The weight in pounds of the thermopile wires 1is

Wt = 16up P d°
gt W ’ {75)

where

w = average specific weight of the wires, gms/cm’
£ = average electrical resistivity of the wires, ohm cm
P = power in load in watts

Q

AT = temperature difference between hot and cold junctions in °C

i

thermo electric power per thernocouple, volts per °C

d = distance between junctions, cms.

The heat lost by conduction through the wires in watts:

H = 160k P (78)
QAT

where

h = average thermal conductivity of the wires in calories/cm/sec/°C.

From Eqgs. (75) and (7B) above,it is readily seen that best materials for the
thermopile should have these properties: low specific weight, low electrical resist-
ivity, low thermal conductivity, and high thermo-electric power. A number of thermo-
pile combinations were investigated, including: iron-constantin, carbon-silicon,
molybdenum-silicon, germanium-silicor, germanium-platinum, and germanium type N -
germanium type P. None of these systems gave small enough weights and required
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radiating areas to be satisfactory for use in the satellite vehicle. However, in
view of the simplicity of such a power plant, a research program to discover a com-
bination of materials which would make a satisfactory themmopile power plant is
advisable.

IV. CONCLUSIONS

It is possible to build an auxiliary power plant which will produce 300 watts
for two weeks with an overall weight of less than 400 pounds.

The power plant which is recommended for use is the strontium 89, mercury vapor
system. This system would weigh approximately 157 pounds. The next best method
would be a hydrogen-peroxide gas turbine system with an intermittent duty cycle. This
power plant with a gross weight of 400 pounds would supply power long enough to
maintain earth-to.satellite contact for 137 hours.
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APPENDIX I

I. THROATLESS vs CONVENTIONAL MOTORS

A preliminary approximate comparison has been made between the conventional
liquid rocket combustion chamber and the ‘throatless’ chamber {a chamber of the same
diemeter as the throat of the nozzle being used), based on the overall efficiency of
the two types.

) The possible advantage of the latter, if it were as efficient as the conventional

design, would be the saving in combustion chamber size and weight. On the other hand,
there is the possible disadventage of a more difficult cooling problem due to the
higher average velocity of gases in the chamber and the resulting higher coefficient
of heat transfer.

It is found that a comparison of the two motors using a given amount of fuel, the
same injection pressure, and the same exhaust pressure favors the conventional design
by a small percentage of thrust produced. The percentage decreases as the exhaust
pressure decreases.

1. LIST OF SYMBOLS

p = Density

v = Velocity

A = Area

T = Temperature

p = Pressure

6 = Heat of vaporization of propellants
C; = Specific heat at constant pressure

R = Gas constant for particular gas under consideration
v = CP/C” = Ratio of specific heat at constant pressure and constant
volume
a = Velocity of sound
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M = v/a Mach number

]

Stagnation pressure

oy
1)

Specific impulse

L
"

Thrust
= % Mass rate of flow of propellant
p, = Pressure of gases inside the nozzle at the exit section

P, = Aumospheric pressure at altitude for which motor was designed to
have perfect expansion

P, = Combustion chamber pressure

h = Heat liberated by the reaction (heat added)

2. THROATLESS ROCKET MOTOR

It is assumed that the problem of combustion in a throatless rocket motor canbe
approximated as combustion in a duct of constant cross section closed at one end,

Fuel in =

A
/A

DIAGRAM OF THROATLESS MOTOR
FIG. i0

Further assumptions:

1. At section (1) the fuel is evenly distributed over area A

2. At section (2) combustion is complete.
C
- P .
3. v = F is conatant.
v
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Continuity equation

AN A RN (10)

Momentum equation

(Pa¥yhg)¥y = (0yV AV, = PAs— PA, (11)

Energy equation
(CTy +% v,* +8) = (CT, +%v,*) = h

(T, +% v,") - (GT, +% v = h-6 = H (12)

Equation of state

p/p = RT (13)
Now:
C c '
I R N N 2
GT = RAT = RF6=5-1%

Then the energy squation becomes
Yy P (> F -
(‘57-—1 p,”‘i”.’) f—r--'r'bj*%"z‘) = A

Now defining:

H - heat added

CT +%u?® total energy in inflow Che
P 1

The energy equation becomes
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or:

Dividing energy equation by —Y LEgs
y=1p r¥-1 ' 7

r
1
Py Py _ Yo $ o o - r-1 -
;— -5-' X ('U_) Hl (7 1) 1'*' 2 Hx’ (1+C'I) - O ’
3 2 1

2
Fp‘ pl o)a-l V’ ’
p—,?."(“c'-) M (“) '(““*) -0

From continuity equation because A‘ = An s
pl — &’.
Py Y

And rewriting the momentum equation

P P
Substitution of these values for p—l and — in the energy equation yields:
] 1

w9

]
1+ v v -1
Lt (- erm) bt o) <o

v

solving the quadratic forv—3 N

44
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Consistent with the initial pressure and exit pressure conditions and that a Mach
Number #_ = ] exist at the end of the combustion chamber, there is, for a given value
of G, on’.y one Mach Number ¥ that can exist and that is the one corresponding to the
value of the radical in the above equation being zero.

v
Therefore, substituting this value of v_a_ the momentum equation gives:
1

Py 1+yHS?®
——= ]+ M3 - B3 ——
Py [ IT R
1-7yH? ¥
AR e R RV RN IR =7
- 1"")/”13.
S T1 s (15)

Now as incoming fuel will have a negligible velocity at station (1) the ratio of
‘throat’ pressure to fuel inlet pressure becomes:

Pa _ 1

P, Iy (16)

3. COMPARISON OF *THROATLESS® AND CONVENTIONAL ROCKET COMBUSTION CHAMBER

It is of interest to find the loss of specific impulse caused by using a throat-
less rocket combustion chamber as compared with one of conventional design.

1. Fuel flow rate is the same in both cases.
Assume < 2. Fuel feed pressure is the same in both cases.
3. Area ratio of the nozzles is the same in both cases.

Static pressure ratio which was derived above is:

P, _ 1+7HM?2

P, 1ty

but:
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therefore:
IR L 4
P,‘ 1+y P,t Py
now;
P s;—Z-;
s (42 lya
Py 2 2
therefore:
5 Y
- R 3
P,t 1+'y“lz (1+?_f_1“3)
P, BT ty Y a7
1, =1
Y-l .
1+ 5 E‘
but as M, = 1 and as before H‘ is negligible:
" A
. y +1 =1
-t = 12 . (18)
P, (1+7)

For the fuel used inthe satellite, namely, hydrazine and liquid oxygen, 7
is approximately 1.24.

Thus:
Py
-t = 1 s.18
P, '2"'24“(1.12) 0.805 .

.

Now, from the well-known theory of the de Laval nozzle, theratio of average specific
impulses for stage I can be given by the following:
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Ff

Ithroctlcu = 'y - _F_t_

Iconvcntioscl Fc F}
)

v+ =1
7 =1
27‘( 2 ) 1..()/2 Po PI‘)
= — x —
yoly*l ¢ Py,
7:1 Y -1
2y* (_2 " - fre ke
y=1 \7*+1 R
- 0.748 _
= o= T 0982 . (19)

Yt Y-1
27. 2 Y"1 _.p—'—- P“ Y
Y- I\7 ¥ 1 P P, Pefe + RS,
I, _ '
I, ~ =
Y+ b d 1
¥=1 7
27> (2 1-(2Y | bty + e
Y -1 7*1 P, ¢/t e’e
33,700 + 1937
= ""'“"‘""_"‘"]:-""30.988 (20)

34,120 + 1937

Thus, the throatless rocket motor would require 1.8 per cent more propellant in
the first stage and 1.2 per cent more propellant in the second and third stages.
Inasmuch as this increase in propellant weight is greater than the savings in motor

weight, a conventional design is used.
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APPENDIX II
NOZZLE WEIGHT SAVINGS BY THE USE OF MULTIPLE ROCKET MoToRs!1®

The weight in pounds of the nozzle of one rocket motor can be expressed as

w fong 7 - C -‘j . t (21)
where
vy = specific weight of metal, lb/in.
C = average circumference of metal shell, in.
- Wda (22)
where
d, = aversge diameter of nozzle
A = length of nozzle, in.
t = thickness of the shell necessary to withstand high internal pres-
sure (e.g., the outer shell of a regeneratively cooled motor)(#)
pd,
where
p = pressure differential across the shell, psi
o = allowable tensile stress of the metal, psi
d, = exit diemeter of nozzle .

Therefore Eq. (21) becomes

pd,
w:—yowdaajoza-

{#)Note that for the case of high exteranal pressure (e.g., the inner shell of a regen-
eratively cooled motor) the expression for thickness is not » simple fanction due to
buckling, However, since buckling incresses with aize, it becomes & good first ap-
proximation to sasume the thicknesaes of both the inner and outer shells are s functiom

of the dismeter,
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But since for a given nozzle contour such as those drawn in Figure 2 of Part A of this
report the average diameter, d = kxd" the length, £ = kadf' and the exit diameter
d =k d

e a t

yrmpk k k
¥ = 2; 22 dg)a' (24)

The thrust of the motor is given as
‘ndt’

F= CpAe =Gpe— (25)

The thrust of each of ‘m' smaller motors having the same total thrust, thrust
coefficient and chamber pressure is

F = mn-Cp—7— Q (26)

where

d throat diameter of the smaller mators.

4

Combining Eqs. (25) and (26)

dt

d, = ——n . (27)

The weight in pounds of the nozzles of ‘m’ smaller motors is from Eqs. (26) and (27),
if the smaller nozzles are made from the same material and are geometrically similar.

n‘”pkakaka dta
b = —— — - (28)

The ratio of the weight of the nozzles of ‘m’ smaller motors to that of one large
motor from Egqs. (24) and (28) becowes

WI 1 .
LR (29)

The approximate saving in nozzle weight by the use of five motors in stage I of
the 86,400 pound (N H, + O,) satellite rocket is thus

1 v 5

UNCLASSIFIED .

e ]




UNCLASSIFIED

February 1, 1847

APPENDIX III
UNIT MOTOR SIZE FOR OPTIMUM COMBUSTION CHAMBER SHAPE

For a combustion chamber to enclose a given volume at a given pressure and to
have minimum thickness and surface area, and therefore a minimum weight and surface
area to cool, it should be fabricated in the shape approximating a sphere. Therefore

md 3
Vc =% . (30)
Also
v, = L'A! . {31)

1f a value of d_/d, = 2.5 is chosen, the throat area for an optimum combustion chamber
shape becomes

A, = .00725 (L)? | (32)

.

Using the estimated L® for the hydrazine-liquid oxygen combination of 70 in:
Ay, = 35.5 sq 1in
and in stage ] with the following conditions

p. 400 psia

CF”, z 1.39
W T 99.5%
k3 = 80.5%

F = 124,400 lbs.

Since
F
= (1)
A Cr, % v X M X P
4 = 124,400 = 249 aq in.

t 1.39 x 0.995 x 0.905 x 400
51
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Therefore the number of motors that will give optimum combustion chamber shape is

?255% = 7 motors.

Because of the arrangement and construction difficulties of 7 motors, 5 motors
are used in this design as a compromise number.
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APPENDIX IV
STEERING CONTROL WHILE ON ASCENDING TRAJECTORY

An investigation has been made to determine whether jet vanes or movable control
rocket motors are more efficient on a basis of fuel used per pound of control force
produced.

The study reveals that the control rocket method is more efficient than vanes by
at least an amount equal to the parasite drag of the jet vanes as long as the deflec-
tion of the control rockets does not exceed twice the deflection of the jet vanes when
producing the same contrel force.

This development points the way to the control of missiles with present day
engineering knowledge, for it permits control with movable rockets for as long a period
as fuel is available. Vanes, on the other hand, present a problem in materials and
cooling that has not yet been solved.

The analysis which follows is interided to determine whether or not a minimum
required fuel weight results from controlling a missile by movable rockets or by jet
vanes. Further, if a saving results by the control rocket system it is desired to
find the optimum division of thrust between the main rocket motor and the control

rocket motors.

1. SYMBOLS USED IN ANALYSIS

Jet Vane System
£ = Thrust of rocket motor if jet vanes were absent
D = Parasite drag of one jet vane
D = Angle of attack drag of one jet vane
@ = Angle between trajectory and longitudinal axis of satellite rocket

£ = Angle between longitudinal axis of jet vane and longitudinal axis
of satellite rocket

= Lifting force of each jet vane
S, = Area of one jet vane

S. = Cross section area of rocket motor nozzle at section where jet
vanes are located

¥ = Mach number
33
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Rocket Control System

F

T

Weight Effects

T

du/dt

54

"

"

Thrust of main rocket motor
Thrust of each of the control rocket motors

Force normal to longitudinal axis of satellite rocket due to angle
,Ba of each control rocket motor (lift force)

Angle between trajectory and longitudinal axis of satellite rocket

Angle‘ between longitudinal axis of control rocket motor and longi-
tudinal axis of satellite rocket

Thrust of rocket motor

Mass rate of flow of propellants
Instantaneous mass of rocket vehic’le
Exhaust velocity of rocket motor
Acceleration of rocket vehicle
Initial mass of rocket vehicle
Final mass of rocket vehicle
Initial velocity of rocket vehicle
Final velocity of rocket vehicle
Fuel mass

Structural mass

Payload mass

Per cent of fuel (F) saved due to use of control rockets

Per cent of structure and payload (S +P) which may be added due to
saving R
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2. JET VANE SYSTEM (4 CONTROL YANES)

Axis of Satellite Rocket

Y'Trajectory

Rocket Motor

Jet Vanes

JET VANE CONTROL
FIG. 11

When steering correction is being made:

(1) Thrust of rocket motor along axis of vehicle
=6-4D -20D, - (33)

(2) Lift of jet vanes (considering effect of one pair only)

2.2 B,S,

Rl sl (34
2h * VAR, 34)
{3) Thrust of rocket motor along trajectory
= (6—4D°—2Dv)cosa“2Lvsina (35)
55

UNCLASSIFIED




UNCLASSIFIED

February I, 1847

3. ROCKET CONTROL SYSTEM (4 CONTROL ROCKETS)

Axis of Satellite Rocket—————\

Trajectory

Main Rocket Motor

Control Rocket Motors

ROCKEYT MOTOR CONTROL.
FiG. 12

When steering correction is being made:

(1) Thrust of all rockets along axis of vehicle

F+2T+2Tcosﬁzv (36)

(2) Life

n

2 L 2 T sin ;82 . (37)

(3) Thrust of all rockets along trajectory

= (F+2T+2Tcos,3=) cos a ?2Tsin,8=sina . (38)
56
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4. COMPARISON

As fuel consumption is proportional to thrust along the trajectory and this
thrust must be the same for either system, to find relative fuel consumption it is
only necessary to equate thrusts along trajectory.

Initial condition (no control acting, zero missile angle of attack)

it

6-41)0 F+4T

H

& (F+47)+4D°. (39)

Thus, initially the thrust required of the missile using jet vanes is larger than that
of the missile using control rockets by the amount of the parasite drag of the jet

vanes,

Dynamic condition (contrel force acting, finite missile angle of attack)

(6-4D ~2D,)) cosa+2 L, sina

= (F4+2 T+2 T cos ;52) cos ¢*+92 T sin ﬂ2 sin a. (40)

Assume the angle of attack is the same in both cases and the control forces to be
equal.

Then
(5—400-213”) ﬁ(F+2T+2T¢osﬁa). (41)

Before proceeding with the comparison of the two control systems it will be
necessary to find the optimum distribution of thrust between F and T as this will
affect the loss of thrust due to the angle B at which the control rocket motors oper-
ate. The criterion is that distribution wﬁich, when giving a given control force,
produces the maximum thrust along the trajectory.

5. BEST SIZE OF CONTROL ROCKET MOTORS
The thrust along the trajectory is given by:
(F+2T+2Tcosf) cosa+2Tsinf, sina = X (42)
but from the conditions of the problem:
F+4T = constant = K

2 T sin ,82 = constant = J.
57
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Therefore:
(K"2T+2Tcosﬁg)cosa+.lsina = X
[K+2T(cosﬂ3“1)]cosa+.}sina = X
and:
X oz cosB -1 =0
cosﬂ’ =1
B = 0°. (43)

That is, from second condition above, as 8 = 0, T must be infinite. This indicates
control rockets should be as large as possible. From the first condition above this
is seen to be T = 1/4 K. That is, the four control rockets are each 1/4 of the total
thrust. However, there are other reasons for not choosing this condition of size of
control motors which are discussed in Ref, §.

6. DEFLECTION OF CONTROL ROCKETS

Because for practical reasons the control motors cannot be made the optimum size,
the comparison will be made with an arbitrary distribution of thrust between F and T,

9*4[)0-219' F+2T+2Tcosﬁ’.

Now as:
6-4D, = F+4T
F+4T-2D, = F+‘2T+2 T cos B,
2T-2D, = 2Tcos B,
D, = T(1-cosB)
but:
b - 28°%s,6
58
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and
3 P!
1- = 3
cos B, > (for small 4 )
therefore:

12
28"s, 6 TS
/m—fsi 2

now as the lift of one jet vane is

285,06
VIR - 1S,

and the lifts of both systems ere equal

28 S &
— : -
T Sj = T sin B‘ = Tﬁg (for small ,33)
then:
B*
)Bl TﬁQ = T——z—-
B = 25 . (44)

Therefore, the control rocket is more efficient than the jet vane system by an amount
at least D per vane as long as ,5 =9 ﬁx Thus, it is seen that the control rocket
is more efficient in all cases undcr consideration as 1 can be adjusted to make above

condition true.

The above determines the maximum B The minimum is defined as that at which the
servomechanism is not sensitive encugh to precisely control the control motors, hence,
T cannot be larger than the value determined by this minimum ,52

7. WEIGHT EFFECTS

It is of interest to determine how much the structural weight or payload of the
missile can be increesed at the expense of saving on fuel load due to lack of drag
term (Do and part of D) when control rockets are used for steering.
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Simplified method: (assume vacuum trajectory and no gravity)
Using jet vanes:

_ de d
T =-pc=nlz (45)
9‘ I!
dm
f dv = -cf -
4 =
o o
5
ul-vo- Au—-cthno
but:
=, = F+S+P
m = S+P
1
and if:
F = Xno
then:
S+p = (1~X) L
and
Av = - clog, (1 - X)

now if rockets are used insteud of vanes, and rockets save R per cent of F, then Q per
cent of (S + P) may be added.

- . a1-Xa0+9
v = ~clg, =R+ (1-NATQ ° (46)

For the rocket vehicles to have the ssme performance, equate AV's before and after
saving was made;

¢ log,(1 - XN(1+ Q
[1-R-0+Qx+01+Q

- ¢ log,(1 - X)

1-01+0
[A-R-Q+QX+(1+0Q

1-4X

Q-RX+(1+Q = 1+Q
Q = R. 4N
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For a given saving of A% of fuel (F) the structural weight (S + P) can increase
Q%of (S +P). When R and @ are numerically equal the same Av (performance) will
result as before the saving in fuel was made.

This per cent @ of (S + P) will be smaller for a given saving of R% of (F) were
the performance measured by the true trajectory equations, but in no case will it go
to zero.
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APPENDIX V
SAMPLE CALCULATIONS FOR REGENERATIVE MOTOR COOLING

The motor design was assumed as shown in the drawing below:

SIMPLIFIED SKETCH OF ROCKET MOTORS
Fi6.13

Thus, the expression for the surfdace area to be cooled is:

d -d\ d +d
T [ 4 t c t
A = ﬂdc'lc+?dcs+wl/( 2 ) *. :a 2 )
d, - d\ L /4. + 4 o)
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The expression for the overall rise in coolant temperature is:

- _9A :
) Tf = _W;E; (49)
where;

q = density of heat flow {BTU/in%sec)

[
fI

surface area (in?%)
Wf = wt. rate of coolant flow (lbs/sec)

C_ = specific heat at constant pressure (BTU/1bs°F),

Using these relations and the assumed value of density of heat flow as 14 BTU/in%sec,
the overall mean rise in coolant temperature can be found.

a) For control rocket motors of stage III:

Chamber pressure = 150 psi

Thrust 30 lbs
Specific fuel consumption = 0,00384 (sec™?)
ATI = §84°F.

The boiling point of hydrazine at the fuel pressure of 225 psi is 421°F. Thus,
"straight regenerative cooling is not possible in this case.

b) For main rocket motor of stage III:

Chamber pressure = 150 pai
Thrust = 7820 lbs
AT, = 200°F.

With the increase in rocket motor size the possibility of regenerative cooling
increases.

c¢) For control rocket motors of stage II:

Chamber pressure = 300 psi

i

Thrust 1200 lbs

- -]
AT! 165°F.
The boiling point of hydrazine at the fuel feed pressure of 338 psi is 462°F.

With the increase of rocket motor pressure the ratic of surface area to rate of fuel
flow decreases and again the possibility of regenerative cooling improves.
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APPENDIX VI
GAS FEED vs PUMP FEED

A method has been set up for rapidly determining the best combination of gas
pressurization and pump feeding for a liquid rocket power plant from a weight consid-
eration. A sample calculation is given for stage I of the hydrazine-liquid oxygen,
three-stage satellite rocket. This method indicated by the sample calculation and
illustrated in Fig. 14 through20 can be used for any propellant combination, size of
vehicle, combustion chamber pressure, and maximum load factor. The dynamic pressure
head due to this load factor has been neglected for both the gas fesd and pump feed
systems because when the two systems are compared at the same load factor the addi-
tional tank weight will cancel out. Furthermore, this additional tank weight is small
because with an ‘n’ of 5 the tank pressure would be in order of only 10 psi above the
static value,

All the tanks were considered spherical in order to simplify the comparison,
therefore, if the gas feed system results in the lower weight, then a more careful
calculation should be made of the tank weight using the actual propellant tank shapes.
The derivation of the relations which are plotted in Fig. 14 through 20 is given in
Ref. 2.

1f the effect of combustion chamber pressure on specific impulse is included in
the calculation the optimum combination of propellant tank pressure and combustion
chamber pressure for any stage of the satellite may be determined.

SAMPLE CALCULATION
Given Data:

Stage I of a three-stage satellite rocket using a liguid oxygen-hydrazine
pump-fed-rocket power plant.

Propellant tank pressures (pp) are maintained at 15 psia.

Combustion chamber pressure (p.) is 400 psia.

Average static head times average load factor = nh = 316 inches of average
propellant,

Pressure drop through the cooling coils and injector (Ap;)is 72 psi. (This
pressure drop was used for both the fuel and oxidizer. Actually only the
fuel passes through the cooling coils, but inasmuch as the 72 psi is only
an estimate and it was used for both the pump feed and gas feed calcula-
tions, this assumption is justified.)

Hydrogen peroxide tank pressure is 400 psia.

Helium tank pressure is 3000 psia.
65

UNCLASSIFIED




UNCLASSIFIED

February 1, 19847

66

1600
1500
1400 //
Boo //
1200 é‘/
1100 59/ L
*:
§;ooc
2 >4
£ 500
? ari
e 2
s 800 / 7:
-
H / / //
b
LS,
/4N
ey
500
————— . o Sl o o v gl s e gl e
N S e —
|
°
300 / / A » 900"
OV h | e
o
N / / '1 /"$1’° . por
TV 7 e R
! ’ |
100 vd = t U
e w,+80008 |
] L4 o]
%‘fjwﬁ“
° y €00 700

WEIGHT OF H, 0,

g

300 400
A’ PRESSURE MISE ACROSS PUMP M pei

REQUIRED vs PRESSURE

400 200

RISE ACROSS

PUMP WITH TOTAL WEIGHT OF PROPELLANTS AS A PARAMETER

FiG. 14

UNCLASSIFIED




UNCLASSIFIED

February 1, 1947

40 7
3s //j////
% /
"
@
-
Zos
x SPHERICAL TANK
= STAINLESS STEEL
i ALLOWABLE TENSION STRESS
< 110,000 psi s
220 // SP WT 0.284 LB/IN
b3 H, O, TANK PRESSURE + 400psi
-
T SR IR S
w t
= i
i
i
1o v t
P RELOW THIS POINT TANK WALL THICKNESS
ASGUMED CONSTANT AT 0.02 INCHES
i
'
5 ]
t
)
i
1
o i
G 0D 300 500 700 900 nog 1300

WEIGHT OQF H, 02 N LBS

WEIGHT OF H, 0, TANK v$s WEIGHT OF Hz 0,
FIG, 15

Total propellant weight is 57,574 lbs.
Propellant flow rate is 512 lbs/sec.
Fuel tank volume is 945,000 cu in.

Oxidizer tank volume is 560,000 cu in,

Find:
Weight of the propellant delivery system plus the weight of the propellant
tanks,
Calculations:
The pressure increase desired from the pump
Yy *Y
= p, +Ap, —»3—2——'"-(1:.&)—;;’ (50)

.0412 ; . 0365 (316) - 15

400 + 72 - 12.2 - 15 = 445 psi.

400 + 72 -

i
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Entering Fig. 14 with this pressure rise and the total weight of propellants
to be pumped, the we:.ght of H O necessary to drive the pumps is found to be
430 pounds (8500 cu in.). From Fig. 15 the weight of the H O  tank required
to contain this amount of Haon at 400 psia is found to be 15 pounds,

Knowing the volumes of the fuel and oxidizer and the propellant tank
pressure (p_}, Fig. 16a gives the weights of the fuel and the oxidizer tanks
as 305 pounds and 215 pounds, respectively.

Fig. 16b, an expanded scale of Fig. 3, in this case permits a check of
the weight of the H 02 tank. However, for stage [II of the satellite rocket,
the main propellant tanks fall on this graph.

Having the volumes of the fuel, oxidizer, and H O tanks and their re-
spective tank pressures, Fig. 17 gives the weight of *the helium required to
pressurize these tanks, These figures are:

For the fuel tank . . . . . 6 pounds of helium
For the oxidizer tank . . . 4 pounds of helium
For the peroxide tank . . . 2 pounds of helium.
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Entering Fig. 18 with the total weight of helium required, the weight of
the helium tanks to store this gas at 3000 psia is found to be 124 pounds.

The weight of the auxiliary units used in the pump-feed rocket such as
pumps, turbine, valves and plumbing is obtained from Fig. 19, knowing the
pressure rise across the pumps and the propellant flow rate. In this ex-

ample the weight is 730 pounds.

The total weight of the propellant delivery system plus propellant tank
weights is thus the sum of the above weights or 1831 pounds.
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Now repeating the above calculation for several different initial tank pressures,
to and including a fully pressurized system in which no turbines or pumps are needed,
results in a curve such as in Fig. 20. From this curve of the satellite rocket power
plant weights vs. propellant tenk pressures, the tank pressure for the minimum rocket

gross weight may be chosen.

The only tank sizes which vary with the propellant tank pressure are the helium
and hydrogen peroxide tanks., The diameters of these tanks are given as a function of
their contents in Figs. 21 and 22. In this case the diameter of the H O tank is
95,3 inches and the helium tank diameter is 26 inches. Consideration of these
diameters plus the relative size of the auxiliary units determines the comparative

bulk of the pump-feed and gas-feed systems.
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APPENDIX VII

SAMPLE CALCULATIONS FOR TURBINES AND PUMPS

STACE I - PUMPING SYSTEM
Hydrazine Pump

The mass rate of flow of hydrazine to the constant mass flow motors in stage I is
equal to the total weight of hydrazine divided by the burning time.

hd - 34’. 600 -
n = 112 = 308 lb/sec

The necessary capacity of the pump, @, is therefore

0 = 30860

70365 X 231 - 2190 gal/min,

The pressure increment desired from the pump = combustion chamber pressure + pressure
drop in the injector and cooling coils ~ pressure at the pump inlet due to the accel-
eration force - pressure in the propellant tank. The pump discharge velocity is
assumed to be equal to the pump inlet velocity.

Ap = p.t Apy — v (nh) - p,

400+72-12-15

"

445 psi = 1029 feet of water.

The power output of the pump in horsepower is

P = _Rlp (51)
6600 ¥
where
m = weight rate of propellant flow, lb/sec
Ap T pressure rise across pump, psi

¥ = specific weight of propellant, 1b/in® .
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The power output of the stage I hydrazine pump must therefore be

(308)(445)

P = (%600(.0365)

H

568 horsepower .

For large centrifugal pumps a head of 500 feet of water is about the largest
which is practical at present; therefore, it is necessary to use a double-stage, single
suction centrifugal pump. For a capacity of 2190 gal/min the maximum efficiency is at
a specific speed of 2000 (see page 1897 of Ref. 8).

NQ:/:
Specific speed = N, = ——7— = 2000 (52)
(Ap)
1029
Ap (per stage) = ‘—22— = 514.5 ft

2000 (514.5)"*

= = 4590 rpm.
(2190)"* pm

To estimate the outside diameter, D, of the impeller casing, the following equation of
similarity was used:

Q

3

D'N

= constant {53)

where

N = actual speed of pump.

To determine this constant, the following specifications of a Worthington, single-stage
centrifugal pump type 24 -~ R ~ 2 were used.

Ap = 425 feet

Q@ = 350 gal/min

N = 3500 rpm

P = 60 horsepower

Outside diameter of impeller casing = 14.75.
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The estimated dismeter of the stage I hydrazine pump is thus found:

350 . 2190

(14.75)° 3500 (D)® 4590

D = 24.8 in.
Liquid Oxygen Pump
The mass rate of liquid oxygen flow
n = 2?}20 = 204 lb/sec .
The capacity is
- _204 X60 . .
Q 0412 X 231 1287 gal/min.

The pressure increment desired from the pump is the same as for the hydrazine pump
except the liquid oxygen does not have the assumed 30 psi pressure drop through the
cooling coils. Therefore

Ap F 415 psi T 959 feet of water.

Therefore, this pump also will have to have two stages. The power output of the
stage I liquid oxygen pump is

= f200@15)
P = T6600)(,0412) - 311 horsepower.

Inasmuch as it is desirable to operate this pump at the same actual speed of the
hydrazine pump to eliminate use of reduction gears, the resulting specific speed of
this pump is

/2
(4590)(1287) "
N, = = 1615.

(480)°"*

This specific speed and the 1287 gal/min capacity will give a satisfactory efficiency.

Turbine And Turbine Fuel

In order to determine the power output of the turbine it is necessary to find the
overall efficiencies of the two pumps. This is done as suggested in Ref. 8 by multi-
plying the efficiencies of the individual stages and deducting 8 per cent., Estimated
overall efficiency of hydrazine pump

= (0.85 x 0.85) - (0,08) = 0.65 = 65%.
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Estimated overall efficiency of oxygen pump

~

= (0.83 x 0.83) - (0.08) 0.61 = 61%.

The power output required from the turbine in stage I is therefore:

568 . 311 _

P = 3.65 T 0.61

1384 horsepower.

The total heat input in BTU to the turbine in stage I assuming a turbine effi-
ciency of 25 per cent is

_ P (turbine) X 5 X 550

0.25 x 178 (54)

1384 % 112 * 550
0.25 x 778

i

439,000 BTU.

The weight of 90% hydrogen peroxide required if the combustion efficiency is assumed
to be 90 per cent and if the heat content of the fuel is 1137 BTU/lb (see Ref. 7) is
therefore:

_ 439,000
= 0,90 x 1137 429 pounds.

Estimated Size Of Turbine And Pumps

It is assumed that the maximum height of this unit is equal to the diameter of
the impeller casing of the largest pump plus the required space for the inter-stage
piping. Thus, the turbine casing is equal to or smaller than this height. The over-
all length of the pumping unit including space for two two-stage pumps, cne turbine,
and four bearings is estimated for each stage. In stage I the space requirement is

— -
bl

-

45"
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STAGE II - PUMPING SYSTEM

The same calculations and assumptions are made in stage II as in stage I, except
a specific speed of 1600 is used for the hydrazine pump.

STAGE III - PUMPING SYSTEM

Inasmuch as the control motors in stage III have an independent gas-feed system,
only the propellant flow to the main motor was used in this calculation. A specific
speed of 800 was used here for the hydrazine pump and a single-stage pump can supply
the 459 and 389 foot heads of hydrazine and oxygen, respectively, A specific speed as
low as B0O was used here because otherwise the actual speed becomes excessive. This
decreases the efficiency of the hydrazine pump to about 57 per cent but this is better
than using a specific speed of 1600 and a double-stage pump which would have an effi-
ciency of only sbout 40 per cent.

The pumps in stage TII will be considerably smaller than the Worthington pump
described in stage I above; therefore, a different pump is used as a reference in
estimating the size. This reference pump is:

Worthington single-stage centrifugal pump Type 2 - R -1

Ap = 240 feet
Q@ = 100 gal/min
N = 3500 rpm
P = 15 horsepower
Outside diameter of impeller casing = 12 inches.
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APPENDIX VIII

SOLAR ENERGY ABSORBER TO SUPPLY AUXILIARY POWER

The maximum effective absorber area of the atage IIT rocket of the three-stage
86,400-pound satellite would be the projected area of one side (see Fig. 23).

Area = 1/2 % 52 % 176 + 1/2 (32 + 52) 58 = 8690 sq in. = 60.3 sq ft

fa—— 58 - 176"

PROJECTED AREA OF STAGE I OF THE SATELLITE ROCKET
Fi6.23

Total radiant energy coming from the sun striking a surface perpendicular to the sun’s
rays outside of the atmosphere = 7.15 BTU/sq ft/min®. A thin flat-tank absorber
has been built in the United States giving an efficiency of 50.1%°. Therefore, the
maximum heat that would be absorbed by a satellite boiler is:

7.15 X 60.3 X 0.50 = 215 BTU/min.
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As the satellite orbit is in the plane of the earth’s equator, the average pro-
jected area of the satellite as seen by the sun when the satellite is on the sunward
side of the earth is approximately 1/2 of the total projected area of the satellite.
If it is assumed that a solar absorber covering the total projected area of the
satellite is used, the absorber will be effectively perpendicular to the sun's rays
for 1/4 of the orbital revolution., Therefore, if the satellite completes the orbital
cirele in 103.2 minutes, the BTU added to the working fluid per revolution is:

1/4 x 215 x 103.2 = 5560 BTU.
If the turbine efficiency is 25%, the work output of the turbine is:

5560 x 0.30 x 778 = 12.98 x 10° fe 1b.

If the electrical generator has an efficiency of 85%, the work output of the generator
is:

12.98 x 10° x 0.85 = 11,02 X 10" ft lb,

If a battery is used for storing this energy, the power available for continuous
telemetering and attitude cantrel during each orbit is:

11.02 X 10° _

053 10.68 % 10° ft 1b/min

242 watts.
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APPENDIX IX
HYDROGEN PEROXIDE, STEAM TURBINE SYSTEM FOR AUXILIARY POWER

Two calculations will be made: (1) to determine the overall power plant weight
for a hydrogen peroxide system which will supply 300 watts continucusly for two weeks;
(2) if an energy saving telemetering duty cycle is devised in order to keep the power
plant weight at 400 pounds, to determine the total contact time between the earth and
the satellite.

CALCULATION 1.

Weight of Fuel

The heat required from the fuel if the generator efficiency is 85% and the
turbine efficiency is 30%.

Heat required = —2— = 1175 vates = 66.8 BTU/min .

The suggested fuel is a 90% solution by weight of HO, in HzO. If the fuel tempera-
ture is 32°F and the chamber pressure is 300 psi, the latent chemical energy is
1137 BTU/1lb and the resulting vapor temperature is 1326°F’. If a combustion
efficiency of 95% is assumed the weight rate of fuel will be

66.8  _

795 x 1137 .0619 lbs/min.

Total fuel consumption for a two-week duration is

0619 x 60 X 24 X 14 = 1248 pounds.

Weight of Fuel Tank

The specific gravity of a 90% solution of Hzoz is 1.393, therefore:

. - 1
Volume of H 0, solution = 1393 X 62.4

1t

14.33 cu ft

24,770 cu in.
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3
If the fuel tank is built in the shape of a sphere V =%~ , the diameter would be:

4 = (6 X 24,??0)”'
”

(55)

d 36.2 inches,

Effective maximum pressure inside the fuel tank equals the combustion chamber pressure
plus drop in the fuel lines and injector plus the pressure force due to the accelera-
tion of the rocket during its ascending trajectory, This maximum pressure, p, is
sbout 335 psi for a combustion chamber pressure of 300 psi. The material used for the
tank is ‘18-8’ stainless steel, 1/2 hard with an allowable tensile stress, o, equal to
89,500 psi. Therefore, the thickness of the tank, ?, is

_ pd _ 335X 36.2
o 4 x89,50 (56)

-
1

t = ,0339 inches.

1f the density of the steel, p, is .284 pounds per cu in., and if 15% is added to the
weight of the shell for fittings, welds, etc., the weight of the tank becomes

md® x t x £X1.15 = 7(36.2)7(.0339)(.284)(1.15) = 45.6 pounds.

Weight of Catalyst and Catalyst Tank

Inasmuch as the catalyst is not chemically consumed during the reaction and as
the range of per cent catalyst for a maximum heat release is quite wide, this weight
is not calculated. Based on a previcus similar system the weight of potassium perman-
ganate and container is estimated at 45 pounds. This weight can perhaps be reduced if
a solid catalyst such as manganese dioxide impregnated in the combustion chamber walls
is used.

Weight of Helium

The weight of the helium stored at 3000 psi required for the fuel tank at its
normal operating pressure of 325 psi is

v
- o PP ( Pp )
Mge = 6.45x 2070 B (1 + (9

-o (24770)(325) 325
6-45 X 107° 15 (1 t 3000)

Wge = 3.75 pounds.
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Weight of the Helium Tank

By using the same method that was used for finding the weight of the fuel tank,
the weight of the helium tank is found.

) _ 3.75 15
Volume of helium tank = 6.45 X 10°© x 3000 = 2910 cu in,

The diameter of the spherical helium tank is
1/3
x
d = (-6—-7-72—912) = 17.7 inches.

The weight of the stainless steel helium tank is

mp = md x B xpx s

m(17.7)" % 3000 X 0.284 X 1.15
2 X 89,500

48 pounds.

Weight of the Turbine

The horsepower rating of the turbine would be

HP = —'?%g—- X %6—' = 0,473 horsepower.

Inasmuch as it is desired to expsnd the combustion products frem 300 psia to 2 psia or
leas, and to do it as efficiently as possible, a multi-stage turbine would be required.
In the larger horsepower ranges, turbines can be built to give one horsepower per one
pound of weight. It is probable, however, that a multi-stage turbine with a two-week
duration as small as this one cannot be built for less than 15 pounds. It would have
to be a partial admission (probably one nozzle inlet) type of turbine because of the
low mass flow. This inherently makes a multi-stage turbine have low efficiency
because of ‘windmill’ type losses. It is probable that a reciprocating engine could
be used to advantage here, however, because of the low power required and long dura-
tion of operation it is unlikely that any weight saving could be accomplished. Further,
because of the large number of moving parts of a reciprocating engine as compared with
a turbine, the relisbility is correspondingly decreased.
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Weight of Plumbing, Filters, Valves, and Combustion Pot

This equipment, as in the case of the turbine, would have to be built with fine
watch-like precision. This feed and combustion system would not weigh more than §
pounds. Inasmmch as the turbine and combustion system weight is such a amall fraction
of the weight, it would be desirable to have two turbines and combustion systems con-
nected to the same peroxide and helium tank. Then if one power unit fails, the other
unit could be set to automatically go into operation.

Weight of DC Electricel Generator

The generator weight estimate was based on the following aircraft generator
specifications:

Generator model M-2 AC # 32285
24 volt - 1.2 kilowatts

maximm rpm = 4500

n

weight 18.5 pounds

It is probable ‘that a lighter generator could be designed to produce 300 watts at the
higher speeds attainsble with the turbine for a weight of about 12 pounds.

Weight Summation of Continuous Peroxide Power System

Weight

in pounds
Hydrogen peroxide solution . . + + v o s ¢ ¢ o = o o » 1248
Hydrogen peroxide tank . . . ¢« ¢ v ¢ o s o 0 .o 46
Weight of catalyst and container . . . . . « « + « + & 45
Heliu‘m-....-..-.......-....... 4
Heliumtank..................... 48
Turbine assembly + « ¢« & ¢« 4 ¢ ¢« 4 ¢ o ¢ s ¢ s ¢ 4 o 15
Plumbing, filters, valves, and combustion pot. . e e 5
Electrical generator . . « . ¢ ¢ ¢ o v s « « s ¢ 2 o » 12

Total weight of two-week, 300-watt power plant = 1423 pounds

CALCULATION 2.

If an energy saving telenetering duty cycle is devised in order to keep the power
plant weight at 400 pounds, what will be the duration of contact between the earth and

the satellite?
The following assumptions are made for the duty cycle:

1. Radio receiver and control mechanism will continuously draw 100 watts.
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2. Data taking instruments, radio beacon, and telemetering devices will
draw 200 watts for 2 minutes while passing over each of 4 ground sta-
tions during each orbital revolution (orbital period = 103.2 minutes).

3. Hydrogen peroxide turbine will operate for 15 minutes of every 6 hours
and charge a light weight aircraft battery.

4. This battery will discharge for 5-3/4 hours before being recharged.

The duration of contact betwesen the earth and the satellite is computed as
follows: :

The total energy required for each six-hour period is

100 X 6 *'%o‘)é(‘%"‘ 200 X 6 = 693 watt hours.

1f the battery efficiency is 80% and the turbine generator is to run 1/4 of
an hour every six hours, the generator output must be

693 4 = 3.46 kilowatts.

0.80

If the turbine efficiency is 30%, combustion efficiency is 95%, and the heat
content of the hydrogen peroxide is 1137 BTU/lb, the weight rate of fuel is

546 X 42,5
0.30 % 0,95 x 1137

= 0.718 lb/min.
Some of the power plant weights can now be determined.

Weight of the Turbine

A 5-1/2 horsepower turbine with 0,718 lb/min mass flow rate could have more than
one nozzle inlet with a minimum diameter wheel and therefore would probably weigh
about the same as the miniature turbine in calculation 1, Appendix IX above, which

is 15 pounds.

Again it is desirable to have two complete turbine generator units in case one
breaks down. In other words, the greater relisbility that this entails is well worth
the shortening of the duration of satellite to earth contact. Both turbine generator
units would be operated by the same hydrogen peroxide and helium tanks.

Weight of Plumbing, Filters, Valves, and Combustion Pot

This equipment is still in the minimum weight range and would probably weigh no
more than the set in calculation 1 above, which is 5 pounds per set.

Weight of the Generator

The weight of this generator is again based on the aircraft generator specifica-
tion given in calculation 1. The weight of a 3-1/2 kilowatt generator operating at a
speed higher than 4500 rpm is estimated to be 25 pounds.
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Weight of Catalyst and Catalyst Tank
The weight of a 10% solution of potassium permanganate and its container, based
on the expected duration and combustion chamber size is 20 pounds. Though, again, a

weight saving may be realized by using a solid catalyst impregnating the walls of the
combustion chamber,

Weight of the Storage Battery
The battery is required to have a capacity of 300/24 X 6 = 75 empere-hours for a

six~hour duration and a voltage of 24 volts, Two present aircraft batteries have the
following specifications:

Exide 6-FHM-13 aircraft battery has a capacity of 88 amp-hr (5 hr.) at
12 volts and a maximum weight of 78 pounds. ’

AN -W-B-152 aircraft battery has a capacity of 34 amp-hr (5 hr.) at 24 volta
and a maximum weight of 76 pounds.

Based on these two batteries, the satellite battery with a small amount of devel-
oprent should not weigh more than 70 pounds.

Weight of the Helium, Helium Tank, and Hydrogen Peroxide Tank
As can be seen in calculation 1, these weights are proportional to the total

weight of fuel. If the same tank materials and storage pressures are used as in cal-
culation 1, these two approximate relations may be written

weight of the hydrogen peroxide tank = 0.04 W
and the weight of the helium tank plus the helium =~ 0,04 WF

where Wy = total weight of hydrogen peroxide.

A summation is now made of the power plant weight excluding the weight of the
propellant and propellant weight variables.

Weight

in pounds
Turbine assembly « ¢ v ¢« v ¢ ¢ ¢ ¢ s o ¢ o 4 e s 0w 15
Plumbing, filters, valves, and combusr.mn pot . . . . 5
Electrical generator « « « « « « o o ¢ o » o s + o o » 25
Weight of catalyst sand catalyst container . . . . . . 20
Weight of storage battery . . . « . . « « & ¢ v s o 70

Weight of power plant excluding propellant
weightvariables ¢ 5w 8 & & 4 &8 % ¢ & & % 0 &« « 1351])3
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Therefore, if the total power plant weight is limited to 400 pounds
400 = 135 + Ko + 0,04 W + 0,04 Wy
Wp = 245 pounds.
The total duration of operation of this system is therefore

245 _ 360 1 . .
8 <15 %% 136.7 hours 5.7 days.

If two sets of combustion chambers, turbines, and generators are carried, the
total duration will be reduced to 113.8 hours.

89

UNCLASSIFIED






UNCLASSIFIED

February 1, 1947

APPENDIX X

RADIOACTIVE CELL CONTAINING STRONTIUM 89

The weight of radioactive strontium 89 (Beta emitter) required to produce 300
watts of useful electrical energy is determined here,

The general radicactive decay equation is

N = Noe (S?)
where
N = number of atoms disintegrating at time t
N, = number of atoms disintegrating at beginning of life, ¢,
An 3
A = decay constant = £
t
H
where

ty = half life of the isotope

= 55 days for strontium 89.

The ratio of N/N, for strontium 89 is plotted against time in Fig. 24. The
following time assumptions are made to determine the age of the strontium 89 for the
satellite vehicle:

1. 100 days are required to cool and separate the strontium 89 after the
fission of plutonium is completed.

2. 10 days are required to produce strontium cell, transport the cell to
the launching location, install the cell in the auxiliary power plant,
and launch the satellite.

3. Contact between the earth and the satellite is to be maintained for 14
days, and that 300 watts of useful electrical energy are desired at the
end of the fourteenth day.

Therefore, the time for which a given energy release is desired is 100 + 10+14 <
124 days. If the overall plant efficiency (from the heat energy in the radioactive
9]

UNCLASSIFIED



UNCLASSIFIED

February 1, 1947

1

3 e

E | N ¥ = NUMBER OF ATOMS DISINTEGRATING /SEC
7 NG AT TIME t IN DAYS.

.8

. N N, * NUMBER OF ATOMS DISINTEGRATING/SEC
- \ AT THE ¢, IN DAYS.

.

/

AN

30 100 150 200 250 300 350 400
t (pavs}

RADIOACTIVE DECAY OF STRONTIUM 89
FiG. .24

cell to the energy produced by the electrical generstor) is assumed to be 20%, this
desired energy release is

33:%%— = 1500 watts.

. . 12
Using the conversion factor that one watt equals 6.29X10  mev/sec, the energy release
is

1500 X 6,29 X 10°° = 9,43 x 10"° mev/sec.

The ratio of N/N, for 124 days is obtained from Fig. 24 and is equal to 0,208, There-
fore, if each atom of strontium 89 which disintegrates produces 1,52 mev, the number
of atomic disintegration per second required at the beginning of the isotope’s life is

N = (24310} 1
0 1.52 /] -208

f

2,98 x 1()10 disintegrations per sec

"

8.05 X 10° curies.
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The total number of atoms required is equal to the integral of Eq. (57) between
t=0and t =@,

-]
N =f N, M dt
1]
NO
SN == (59)

Therefore, the total number of strontium 89 atoms which will give the desired power is

55 X 24 X 3600 _

.693 2.045 % 10” atoms,

SN = 2.98% 10" x

The required mass of strontium 89 in grams is

2

2,045 x 10°° x g9
6.03 x 10°°

= 3.02 grems.

The exact concentration in which the strontium 89 may be obtained is unknown,
The first step in the refining process is to separate chemically all the strontium
isotopes from the other fission products. The most important separation, and also the
most difficult one, is the removal of barium with its physiological harmful gamma
rays. After the chemical separation, if it was desired to obtain pure strontium 89,
it would be necessary to separate strontium 89 from the five or six other isotopes of
strontium by using a mass spectrograph, However, it is believed that this difficult
isotope separation will not be necessary because the weight of a sample of mixed
strontium isotopes with 3 grams strontion 89 will be reasonably low (possible 5 to
50 grams). Furthermore, the complete chemical separation is not necessary since even
a larger amount of dilution of the strontium isotope is desirable in order to make it
more readily handled and assembled in connection with the auxiliary power plant.
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APPENDIX XI

MERCURY-VAPOR SYSTEM OF AUXILIARY POWER

Th? proposed mercury-vapor cycle for the auxiliary power plant of the satellite
rocket is shown in the temperature-entropy plane in Fig., 25.

t /" ‘-\\
T / \
/ \
/ \
/ \
1245°R oL Wpsi \\3
\
1036R | 1/ 4\
/ 5 psi \
v AN
N

MERGCURY-VAPOR CYCLE ON TEMPERATURE - ENTROPY PLANE
FIG. 25

The temperature and pressure data is taken from Ref. 8. If the mercury is boiled at
40 psia to a saturated vapor condition and then expanded isentropically in a turbine
to a pressure of 5 psia, the quality of the exhaust vapor is

s ~ s
_ s 1 _ 1308 = 0346 _ {z) .
x, = S = 5500 = .B01 . (60}

(X)For definition of symbols see pages 100 and 101.
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The isentropic drop in heat content through the turbine is

Aht = h‘ —(h‘ + x h"4) . (61)

Therefore, in this system the isentropic drop in BTU/lb is

Ah, = 147.8 - [20.3 +.801 (124.3)] = 27.9 BTU/Ib.

If an electrical generator is to put out 300 watts continuous output and has an
efficiency of 80%, the power input to the generator must be

gﬁ%%’ = 375 watts = 21.3 BTU/min.

The efficiency of a turbine this small, even though carefully developed and con-
structed, will be low. Therefore, the combined adiabatic and mechanical efficiency of
the turbine (not the cycle) is estimated to be 52 per cent. The required flow rate of
mercury is therefore

= 1.47 1lb/min.

The quantity of heat which must be removed by the condenser per minute is

H

Q = w, (h1 rx b, - h‘) (62)

1.47 (.801 % 124.3) = 146.5 BTU/min.

11

The length of condenser tubing necessary to condense the above mass flow of
meroury vapor is now calculated, In the heat exchanger the heat source will be the Hg
vapor, and the sink will be the outer surface or skin of the vehicle. It will be
assumed that the condenser is on the side of the vehicle which in its orbit faces
toward the earth{)that eight lengths of condenser tubing will pass through one square
foot of radiating area, and that the cross-sectional dimensions of the tubing are
374" x 3/16", as shown in Fig. 26.

(*)It is, of course, possible to orient the condenser so that it receives no radiation
from either the earth or the sun. Calculations for these conditions indicate a reduc-
tion in condenaer tubing length of about four per cent.
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.The basic mechanisms of heat transfer, viz., radiation, convection, and cone
duction, have been considered and the following conclusions reached:

1. Heat loss from the Hg molecules by radiation can be neglected because of
symne?ry properties, i.e., the quantum changes in the energy levels of
rotation and interatomic vibration are small.

2. Heat transfer for condensing vapors in the absence of non-condensable
gases combines the two mechanisms of convection and conduction snd the
heat transfer coefficient is large. However, because of the difficulties
involved in estimating the gravitational factor ' this method was not
used.

3. 1In general, the forced convection heat transfer coefficient is smaller
than that for a condensing vapor. Since the former is used in the fol-
lowing calculations the resulting size of condenser required is conser-
vative.

In calculating the heat transfer by forced convection, certain simplifications
have been made. The following flow and design characteristics are given: (, thermal
energy of the Hg vapor; T;: the temperature of the Hg vapor; G, the mass flow; tubing
dimensions 3/4" % 3/16", and tubing area, A, per square foot of vehicle surface area.
With this data it is possible to calculate the length of tubing, L, needed to dis-
charge Q BTU per hour. Assuming no loss of heat to the interior of the vehicle and
no loss of heat by conduction in the surface skin of the vehicle, the transfer equa-
tion becomes

R ]
M (Tg-T = ocaT -ofal® -crf‘S(—L“E) T’ (63)

where the term on the left represents the heat transferred from the Hg vapor to the
wall, the first term on the right represents the heat lost to space by radiation from
the vehicle surface, the second term on the right represents the heat gained due to
radiation from the earth acting as a black radiator, and the third term on the right
represents the heat gained due to the diffuse reflection of the sun’s radiation from
the earth, Calculations are made for a position in the orbit of maximum heat input,
hence the calculated length will be the necessary maximum. Eg. (63) may be simplified
to

T\ T
(lﬁ-) + 761 (1—0—0—) h = 7860k + 1180 (64)

& while attaining its orbit the vehicle will be under & variable-g force and while in
the orbit will be gravity-free.
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where T is the equilibrium temperature of the tubing wall (or vehicle surface) and h
is the heat transfer coefficient. The equation used in calculating the heat transfer
coefficient is

C G
h = ‘ggax L4 - (65)
(m//-‘f)

where

Cp;i
Pr = T (66)

is Prandtl’s number. Knowing T and A from Eqs. (64) and (65) it is then possible to
calculate the condenser tubing length from the equation

Q = RL(Tg-T) (67)
where P is the tubing perimeter and L is the length.

The results are given in the following table for a condenser with § tubes per
square foot:

Units Value
Q BTU hr™? 8,800
G 1b hr-t fr~2 90,500
Tyo °R 1,032
T °R 939
Re 11,980
Pr 856
h BTU hr™? =% of* 9.23
L {3 60.5
A sq ft 7.57

The condenser consists of a corrugated 0,03~inch steel plate welded to a rec-
tangular plate as shown in Fig, 26. The approximate weight of the sheet metal in this

condenser is

3.78 X 12 X 0.03 (24 + 24 + 16 X 2 X 3/16) 0.284 = 20.8 pounds.
99
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With the addition of 19,2 pounds for fittings, turning elbows, welds, and support
bracket, the total weight of the condenser becomes 40 pounds. A liberal estimate of
the total weight of mercury required is made by calculating the weight of liquid
mercury which would completely fill the condenser (actually liquid mercury will only
be found in the last part of the condenser, in the lines to the boiler, in the feed
pump, and in first section of the strontium cell boiler), The weight estimate of
mercury is therefore

60.5 % 12 x 3/16 X 3/4 ¥ 0.491 = 50 pounds.

The weight of the turbine and generator was based on the same assumptions given in
Appendix IX, therefore, the weights are the same as in that appendix. The boiler feed
pump and motor drive was based on minimum size and long duration considerations and
was estimated at 5 pounds. Nine pounds of solid carbon dioxide are required to cool
the condenser during the ascending trajectory, so the weight of the carbon dioxide
plus its spring feeding mechanism is estimated to be 15 pounds. If the solution in
the radicactive cell contains 0.1% strontium 89, the weight of the solution for
300 watts would be about 6,8 pounds. If the boiler tubes, cell casing, insulation,
and fittings weigh 13.2 pounds, the total weight of the boiler would be 20 pounds. A
sumnary of the unit weights of the radioactive boiler-mercury vapor system which will
produce 300 watts for two weeks is given below:

Power Plant Unit . Weight in pounds
Mercury condenser ‘ 40
Mercury (working fluid) 50
Mercury turbine 15
Electrical generator 12
Boiler feed pump and motor drive 5
Carbon dioxide cake and feed mechanism 15
Radioactive boiler 20

Total Weight 157 pounds

SYMBOLS USED IN ANALYSIS

s, = entropy of saturated liquid mercury at 5 psia
s, = entropy of saturated mercury vapor at 40 psia
s, = entropy of vaporization of mercury at 5 psia

h = enthalpy of saturated liquid mercury at 5 psia, BTU 1™

h_ = enthalpy of saturated mercury vapor at 40 psia, BTU 1b™!

h = enthalpy of vaporization of mercury at 5 psia, BTU 1b7?
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o = Stefan-Boltzmann constant = ,173 X 10°8 BTU ft™2 hr™1 9+
f. = geometrical factor = .863

S = albedo of earth = .43

Rg = radius of sun

L = earth-sun distance

T, = temperature of earth = 420°R

T3 = temperature of sun

D = hydraulic diameter of condenser tube

CP = specific heat of mercury

k = thermal conductivity at temperature T
. T+T,

H = viscosity at temperature T,,, ~ 2

By = viscosity at film temperature 7
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APPENDIX XII

THERMOPILE SYSTEM FOR AUXILIARY POWER

In a thermopile aystem used for converting heat energy into electrical energy in
the satellite rocket, the two important criteria would be the weight of the pile and
the power loss due to heat flow through the wires. The relations used for determining
these criteria for various material combinations are developed in this appendix.

NOMENCLATURE
n = number of pairs of thermocouples
r = resistance per thermocouple wire, ohms
E = voltage across load, volts,
I = current through load, amperes
P = power in load, watts
e = voltage generated per thermocouple, volts
L = total length of thermopile circuit, cm

d = length of single thermocouple, cm

p = average electrical resistivity, ohm-cm
¢ = cross-sectional area per wire, am®
w = average specific weight of wires, gm cm™3
Q = thermoelectric power of each thermocouple, volts °C™?
AT = temperature difference between hot and cold junctions, °C
A = total cross-sectional area of thermopile wires, cm®
h = average thermal conductivity, cal sec™? em™? °C?
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APPENDIX XIII
CONSTANT ACCELERATION ROCKET MOTOR

Late in the study of the satellite rocket power plant, it became spparent that a
constant acceleration rocket motor might be made for stages Il and III of the vehicle
by using a variable combustion chamber pressure.

This follows from a consideration of the thrust equation of a rocket motor:

Y+ ‘r;x
3 ¥~ 1 5
= P
Fea (72?1) (73»1) - P—" PS +(pp =P fo>
c .
where:
F = thrust

A = 1/2 +1/2 cos a (where:a = nozzle half angle)
Y = ratio of specific heats = (,/C,

P, = rocket motor exhaust pressure

p, = rocket motor chamber pressure

f, = rocket motor throat area

p. = atmospheric pressure at sltitude of operation

fe = rocket motor exhaust area .

For operation in a vacuum the thrust equation becomes

R + Y 3 '
o) 6 e

It can be shown that

fe _ f . fpe
re— — t S——— »
7, a function of =

107

UNCLASSIFIED



LINCLASSIFIED,

February 1, 1947

Therefore, for a rocket nozzle of a given area ratio f,/f, the.ratio p,/p, is a
constant, regardless of the value of p_, if separation of the gas stream from the
nozzle walls does not occur. This condition will always be satisfied when the nozzle
is operated in a vacuum.

Hence, if v is considered constant the thrust equation for operation in a vacuum
can be written as

F

prc + K.P‘

]

(K +K_ pJ/p.) P,

K,Pc

'hel‘e Kl. K.’ md K' are constants.

i}

Thus, the thrust is seen to be a linear function of combustion chamber pressure.
However, in an actual rocket motor this linear variation of thrust with chamber pres-
sure will have a lower limit defined by the lowest pressure at which smooth combustion
can be obtained with the given fuels. For the case of hydrazine and oxygen, this
pressure limit has not been determined. The lower pressure limit .in conjunction with
v, the ratio of fuel weight to gross weight, determines the initial combustion chamber
pressure, that is, the pressure when full thrust is required. As thrust is a linear
function of pressure, and fuel flow rate is a linear function of pressure, and fuel
flow rate is a linear function of thrust, the fuel flow rate is alaso determined. 'The
problems expected in the design of a variable thrust motor of this sort are summarized

below.

The reduction of pressure in the combustion chamber, with a throat of a given
size, is accomplished by restricting the amount of fuel entering the chamber. If this
is done by reducing the propellant feed pressure, difficulties from injection atomiza-
tion, and fuel mixing, are likely. The result is poor combustion. Alternatively, if
the propellant flow is restricted by mechanically varying the number of injectors
being used at a given time the above difficulties are not likely to manifest them-

gelves.

One major difficulty anticipated with varying thrust in this manner is in the
cooling of a motor capable of large thrust when it is operating at low thrust. This
is due to the low rate of propellant flow at low thrust.

a. If regenerative cooling is used, the coolant velocity through the cool-
ant coil is low at low thrust with a resulting low rate of heat transfer
between the motor wall and the coolant. Hence, the temperature of the
combustion side of the motor wall will increase. Regenerative cooling
at low thrust is further complicated by the small amount of propellant
(coolant) flowing. This means that the amount of heat which can be ab-
sorbed by the coolant before it boils is amall.

b. If sweat cooling is used, the smount of sweat coclant needed will likely
be constant at whatever thrust the motor is operated because the combus-
tion temperature is not greatly affected by pressure.

108

UNCLASSIFIED




" UNCLASSIFIED

February 1, 1947

REFERENCES

YKrueger, R. W.; Grimwinger, G.; and Tieman, E.: Flight Mechanics of a Satellite Rocket,

zCle-cut, G. H.:

RA-15021, Project RAND, Douglas Aircraft Company, Inc., February 1, 1947,

Structural and Weight Studies of s Satellite Rocket, RA-15026, Project
RAND, Dougles Aircraft Company, Inc., February 1, 1947,

°Krieser, F. J.: Theoretical Characteristics of Seversl Liquid Propellsnt Systems, RA-15024,

Project RAND, Douglas Aircraft Company, Inc., February 1, 1947,

*Krveger, R. ¥, and Grimminger, G.: Aerodynamica, Gas Dynamics and Heat Transfer Problems

of a Satellite Rocket, RA-15022, Project BAND, Douglas Aircraft Company,
Inc,, February 1, 1947,

GFrick, R.: Stability and Contro: of a Satellite Rocket, RA-15025, Project RAND, Douglas

Aircraft Compsny, Inc., February 1, 1947,

®Guder ley, G. and Hantsch, E,; Beaste Formen fur achsensymmetrische Uberachallachubdusen,

®Marks, L. S.:

®Brooks, F. A.:

w'yld. James H.:

11

Unpublished paper furnished by G. Guderley, December, 1946,

Properties of Hydrogen Peroxide, Electro-Chemical Company, Inc., Buffale,
New York, March, 1946,

Mechanical Engineer’'s Handbook, McGraw-Hill Publishing Company, New
York, 1941.

Solar Energy and Its Use in Heating Water in California, Bulletin 602,
University of California, November, 1936.

The Liquid-Propellant Rocket Motor-Past, Present and Future, A.S.M.¥W. Re-
print No. 46-A-64, December, 1946.

Reference Papers Relating to s Satellite Study, RA-15032, Project RAND,
Douglas Aircraft Company, Inc., February 1, 1947,

109

"UNCLASSIFIED




‘]rq(jLJ\jSEﬂUFIISII

INITIAL EXTERNAL DISTRIBUTION LISTS

Initial distribution of all related technical reports on the satel-

lite vehicle is given below.

120.

Report
No.

RA-15021

RA-15022

RA-15023

RA-15024

RA-15025

RA-15026

RA-15027
RA-15028

RA-15032

Title

Flight Mechanics of a Satellite Rocket

Aerodynamics, Gas Dynamics and Heat
Transfer Problems of a Satellite
Rocket

Analysis of Temperature, Pressure and
Density of the Atmosphere Extend-
ing to Extreme Altitudes

Theoretical Characteristics of Several
Liquid Propellant Systems

Stability and Control of a Satellite
Rocket .

Structural and Weight Studies of a
Satellite Rocket

Satellite Rocket Power Plant

Communication and Observation Problems
of a Satellite

Reference Papers Relating to a
Satellite Study

The code is explained on pages 11l through

Distribution

A(l), C,

A(l),

A(l),

A(1),
A(l),
A(l),

A(l),
A(l1),

A(l),

c,

C,

D(1)
D(1)

D(1)

D(3)

b(l), D(2)

D(1)

D(3)
D(2)

D(2)

Those agencies not on the initial distribution may obtain reports

on a loan basis by writing to:

Attn: TSEON-2, Wright Field, Dayton, Ohio.

110

UNCLASSIFIED

Commanding General, Air Materiel Command,



UNCLASSIFIED

A (1),

Guided Missiles Committes

Joint Research & Development Board
Kew War Department Building
Washington, D.C.

Commanding Osneral (4 Coples)

Army Alr Forcses

Washington 38, b.C.

Attention: AC/AS-4, DAE-3, Pentagon

Commanding General (38 Copies)
Asr Materiel Command
Wright Field, Dayton,
Attemtion: THBEON.2

Ohio

Commanding General

Alr Universicy

Maxwell Field, Alsabams

Attention: Alr Ungiversity Library

Chisf of the Bureau of Aeronautios (8 Coples)
REavy Department
Washington 35,

Attention; TD-4

D. C.

Chisf of the Bursau of Ordnance (4 Coples)
Navy Department
washington 35, D.C.

Mtention: Re-9

Chisf of the Bureau of Ships (3 Coples)
Kavy Depariment

washington 48, D.C.

Attention: Code 633

Chief, Ouided Missiles Branch
Tachnical Command
gdgevood Arssensl, Maryland

Commanding General

Proving Oround Coumand

Eglin Fielda, Florids

Attn: TFiret Experimental Ouidsed Missiles Oroup

GOVERNMENT AGENCIES

Commanding O0fficer (3 Coples)

Office of Naval Reeearch Branch O0ffice
618 Mission St.
8an Francisco, Celifornta
Commanding Officer

U.8. Naval Air Miseile Test Center
Point Mugu, Celifornia

Commanding Officer
U.8., Kaval Ordnancs Test Station
Inyoksrn, Cslifornis

Commanding Officer
Alamogorda Army Air Base
Alamogordo, New Mexico

Director, Neatiomal Advisory Committees

for Aeronautics (4 Coples)
1500 New Hempshire Avenues, K.VW.
Washington, D.C.

Attention: Mr. C.H. Helms

Director, Naval Research Laboratory (3 Coplesn)
Anscostia BStation
¥ashington, B.C.

Library of Congress (2 Coples)
Technical Information Section
Sashington 35, D.C.

Attention: Nr. J. Heald

Office of the Chisf of Grdnance

ordnance Research & Development Division
Rocket Branch
Pentagon
washington 38, D.C.

Chierl of Mavel QOperations
favy Department
washington 38, D.C.
Attention: Op-87

C. PRIME CONTRACTORS

COONIZANTY
CONTRACTOR TRANSMITTED VIA AGENCY
Applied Physice ladoratory Development Contract Officer BUORD
Jokns Hopkins University Applied Physics laboratory
Silver Bpring, Maryland Johns Hopkins Universlty
Attnt Dr. Dwight E. Gray 8821 Jeocrgis Avenue
(3 coplen} Silver Spring, Maryland
Bell Advervaft Corporation Buresu of Asronautios Rep. AAF
Kiagara Falls, New York Cornell Asronsutical Lab. BUARR
Atta: Mr. R. H. Btanley Box 68 & BUORD
Mr. B. Hamlin Buffalo, XNew York
Bell Telephone ladorstories ORD DEPY
Murrsy ¥1ll, New Jeraey
Attn: Dr. W. A. MacKsir
Bandix Aviation Corporation AAF &
Specis)l Products Developament, BUORD
East Teterbaro, New Jersey
Atta: Dr. Barner Selvidge
111




UNCLASSIFIED

C. PRIME CONTRACTORS (Cont'd)

CONTRACTOR

Bosing Afreraft Company
Ssattle 34, washington
Attn: Mr. K. H. Nelson

Consolidaced~Vultee Aircraft Corp.
Ione Btar Laboratory
Deingerfield, Texas

Atton: Mr. J. E. Arnold

Consol idated-Vultes Aldreraft Corp.
Downey, California
Attn: Wr. W. M. Robinson

Cornel)l Asronasutical lab.
Buffalo, New York
Atta: Mr. W. M. Duke

Curtiss~-Wright Corp.
Columbus, Ohio
Attn: Mr. Bruce Katon

Douglas Afrcrarft Co.

El Segundo Branch

Bl Bogundo, California
Attn: Hr. B. K, Beinemann

Douglas Atrerafrt Co.

3000 Qcean Park Boulevard

Santa Monica, Cslifornias

Attn:  MHr. A: BE. Raymond (1)
Mr. E. F. Burton (1)

Eastman Kodak Co.

Xavy Ordnance Division
Roechester, New York

Attn: Dr. Herbert Trotter

Fairchild Engine & Airplane Corp.
NEPA Diviejon
P.0G. Box 415
Oak Ridge, Tenn.
Attn: Mr. A. Kalitinsky,
Chief Engineer

Fairchild Engine & Airplane Corp.
Pilotless Plane Diviation
Farmingdale, Long Island, XK. Y.
Attn: Mr. J. A. 8lonim

The Franklin Inatitute

Ladoratories for Ressarch and
Development

Philadelphis, Ps.

Attnt Mr. R. B. McClarven

Genereal Electric Co.
Projeat Hermes
Schenoectady, New York
Attn: Mr. C. K. Bauer

General Rlectric Co,
Federal & Marine
Commerciel Division
Schensctady, New York
Attn: Mr. A. L. Rui:z

Genersal Electric Co.

Aviation Diviaion

Schanectady, MNew York

Attn: Mr. B, A. Bohuler. Jr.
Mr. Phillip Class

112

TRANSMITTED VIaA

Development Contract Officer
Consolidated~Vultee

Afireraft Corp.

Daingerfield, Tezas

Representative~in-Charge, BUAER
Consolidated~-Vultes Atrcraft Corp.
Yultee Fiald

Downey, Californis

Development Contract Officar
Cornell Aeronautical Lab.
Buffalo, Xew York

Buroau of Aeronsutics Rep.
Curtiss~-Wright Corporation
Columbus 18, Ohto

Buresu of Aeronautics Rep.
Douglas Aircraft Co.
El Ssgundo, California

¥aval Inspector of Ordnance
Navy Ordnance Division
Esastman Kodek Co.

830 West Main BStreet
Rochester 4, New York

Representative~in-Charge
fairchild Engine & Afrplans Corp.
Pilotless Plane Division
Farmingdale, Long Island, N.Y.

Commanding Officer
Naval Atrcraft Modification Unit
Johneville, Pennsylvanis

Development Contract Officer
General Electric Co.
Bchensstady, Nasw York

COOMIZANT
AGENCY
AATY

BUORD

AAF
BUAER
& BUORD

BUORD
& BUAER

BUAER
& BUORD

BUAER

AAPR
ORD DEPT

BUORD

BUAER

BUAER

ORD DEPT

BUORD

AAF



UNCLASSIFLED

C. PRIME CONTRACTORS (Cont'd)

CORTRACTOR

Glenn L. Martin Co.
Bsltimore, Marylana
Atta: Mer. N, M. FYoorhies

Glend L. Martin Company
Baltimore 3, Moryland
Attnt Mr. ¥W. B, Bergen

Globs Corp.

Afroraft Division
Jaliet, Illinoia

Attat Mr. J. A. Weagle

Goodyear Alrocraft Corp.
Akron, Obio
Attn:  Dr. Carl Arnstein

Goodyear Aircraft
Plant * 3"

Akron 17, Ohio

Attn: Mr. A. J. Peterson

Grumman Afreraft

gnginsering Corp.

Bethpage, Long Xsland, K.Y,
Attn: Nr, Williaw T. Schwendler

Nughes Airerafi Co.
Culver City, Califormis
Attn: Mr. D. B. Bvans

Jet Propulsion lLaboratory
Californis Justitute of
technology (8 copiles)

gfellex Corp.
Eew York, New York

M. W. Kellogg Co.

Poot of Danforth Avenue
Jarsey City 3, N.J.

Dr. G. K. Messarly

Chairman, MIT, OMC (2 copies)

Projssct Metsor Offiee

Massachusetts Inetitute of
Yeohnology

Cambridge, Maes.

Attn: Dr. H. G. Stever

McDonnel}) Aireraft Corp.
#t. lLouis, Missouri
Attn: Mr. W. P, Montgomery

North Awmerican Aviation Inc.
Low Angeles, California
Attn: Dr. Wm. Bollay

Northrop Aireraft Inc.
Hawthorne, California

Princeton University
Phyeice Department
Prinoeton, New Jersey
Attn: Dr. John A. Wheeler

TRANSNITTIED Y14

Bursauy of Aeronsutics Rep.
@lenn L. Martin Co.
Baltimore, 3, Naryland

Inspector of Naval Material
141 ¥W. Jackson Blvd.
Chaisago 4, lllincise

Bureauy of Aeronautjos Rep.
1310 Mamsillon Rosd
Akron 18, Ohio

Buresu of Aeronsutiocs Rep.
Grumman Aircraft Engr. Corp.
Be thpage, L.I., N.Y.

officer-in-Charge

grdnanse Research &

Davelopuent Divieion

Sub-office {(Rooket)

Californis Institute of Technology
Pasadens &, Californias

Inspector of Xaval Materisl
90 Church fHtreet
Kew York 7, M. Y.

Navy Ordnance Resident
Teehnidsl Lisison Officer

passachueetts Institute of Technoloxy

Room 20-C-138
Canbridge 39, Mass.

Buresu of Aeronautice Rep.
McDonnsll Atrcraft Corp.
P.0. Box B5id

ft. Louis 31, Missouri

Bureau of Aercnauties
Resident Repressentative
Municipal Atrport

Los Angeles 45, Cslsf.

pDavelopment Contract Offlcer
Princeton University
Princeton, New Jersay

UNCLASSIFIED

COGNIZANT
AGENCY

BUARR

BUAER

BUAER

ALY

BUARR

AAFP

ORD DEPT

BUORD

AAF
BUORD

BUORD &
AAY

ALY &
BUAER

AAY
BUGAD
& BUAER

AAF

BUOAD
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UNCLASSIFIED

C. PRIME CONTRACTORS (Cent'd)

CONTRACTOR TRANSNITTED VIa COGNIZANY
D AGENCY
Princeton University (3 copies) Commanding Officer BUAER
Princoton, New Jereey Branch Office
Attnt Project 8QUID Offise of Naval Resesarch
90 Church Street - Rm 1116
¥ew York 7
Radio Corporation of Amergos York 7, New York ALK &
Yictor Division BUORD
Camdon, NWevw Jersasy
Attnt Mr. Y. T. Raton
Radioplane Corporation Buresu of Asronautics Rep. BUAER
Metropolitan Airport Lockheed Afrcraft Corp.
Yan ¥uya, Californis 2588 North Hollywood Way
Burbank, California
Raytheon Manufacturing Co. Inspsctor of Naval Matorial AAT &
Waltham, Massschusetts Park Squars Building BUAER
Attn: DJres. K. L. Thomas Boston 16, Mass.
Reesves Instrument Corp. Inspector of Naval Material BUAERR
2316 x. $let Btrest 90 Chureh 8¢,
New York 23, n.Y. Xev York 7, M.Y.
Ropubdliec Avistion Corp. AAF
Military Contract Dept.
Farningdale, L.I., K.Y.
Attn: Dr. Williawm 0'Donnell
Ryan Aeronsutical Co. AAF¥
Lindberg Field
San Disgo 12, California
Attn: Mr. B. T. Balmon
8., W. Marshall Co. Inspector of Kaval Material BUARR
Shoroham Pullding 401 water Street
washington, D, C. Baltimore 2, Maryland
Sperry Gyroscepe Co., Inc. Inspector of Naval Material BUAER
Gresi Nesek, L.l., K.X. 90 Church Btreet . ORD DEPT
New York 7, N.Y.
United Alreraft Corp. Burssu of Aeronsutics Rep. BUAER
Chanece Vought Afroraft Div, United Adreraft Corp.
Stratford, Conn., Chanece Vought Aircrafi Div.
Attu: Mr. P. 8. Baker Stratford 1, Conn.
United Alrcraft Corp. Bursau of Asvonautics Rep. BUORD
Reeearch Dspartment United Atrcraft Corp.
Rast Bartford, Conn. Pratt & Whitney Adreraft Div.
Attn: Mr. Jobn G. lLee gEast Bartford 8, Conn.
ygniversity of Michigsan AAF
Asronsutical)l Kessaroh Lenter
¥illow Run Airport
Ypeilanti, Nichigan
Attn:  Mr. R. F. May
Dr. 4. M. Kusthe
University of Bouthern California Bureau of Aeronsutics Rep. BUAER
Naval Research Project, 18 South Raymond BStreet
Collesge of Enginssring Pasadena, Califarnis
lLos Angoles, Cslifornis
Attn: Dr. R. T. DeVault
University of Texae Development Contract Officer BUORD
Defense Ressarch lab, 800 East 24th HStreet
Austin, Texss Austin 12, Texas
Attn: Dr. C. P. Boner
Willys~Overland Motors, Inc. Representative~in-Charge, HUAXR BUARR

Maywood, Californis Coneolidated-Yultes Alreraft Corp.
Attnt Mr. Joe Talley Downny, Californis
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UNCLASSIFIED

D.

COMPONENT CONTRACTORS

{1} AERODYNAMICS & BALLISTICS

CONTRACTOR

New jexico S8chool of Mines
Reaearch & Development Div.,
Alduquerque, New Mexico

New Kexico School of Agri~
cultyre & Mechanic Arts
Gtate College, New Meuxico
Attn: Dr. George Gardner

Kew York University
Applied Msthematics Center
New York, New York
Attn: Mr. Richard Courant

0ffice of the Chief of (rdnance
Ordnance Research & Development
Divistion

Research & Materials Hranch
Ballisticn Section

Pentagon

Washington 25, D.C.

Polytechnic Institute of Brooklyn
Brooklyn, New York
Attn: Mr. K.P. Harrington

University of Minncsota
Minnespolis, Minnesota
Attn: Dr. Akerman

Aerojet Engineering Carp,
Azusa, Californis
Attn: XK.F. Mundt

Kargquardt Aircraft (o.
Venfce, California
Attn: Dr. R. E. Margquardt

Belmont Radio Corporation
89821 wWest Dickens Avenue
Chicago 28, Illinois

Attn: Mr, Harold (. Mattes

Bendix Aviation Corp.
B¢lipse-Plonser Division
Teterboro, New Jersey
Attn: Mr. R. C. Sylvander

Bendi{x Aviation Corp.
Pacific Division, BPD West
North Hollywood, Calif.

Bendix Avisation Radio Division
East Jopps Rosd

Baltimore 4, Maryland

Attn: Mr. J. W. Hammond

Buehler and Conpany
1807 Howsrd Street
Chicago 26, [llinois
Aten: Mr. Jsck M. Roehn
Comaanding General

Army ALr Forces

Pantagon

washington 25, D.C.
Attn: AC/AS-4, DRE-3F

TRANSMITTED VIA

Development Contract Officer
New Mexico School of Mines
Albuguerque, Mew Mexico

Development Contract Offiecer
New jexico Bchool of Mines
Alduquerque, New Mexico

Inspector of Maval Materisl
90 Church Street
Nev York 7, New York

Inspector of Naval Material
90 Church Street
New York 7, New York

Inspector of Naval Materisl
Federal Blag.
Miiwsukesr 2, Wis.

Burssu of Aevonautics Rep.
18 South Raymond Btreet
Pasadens, California

Bureau af Azronautics Rep.
1% South Raymond Strewt
Pasadena, Californis

—————

{2) GUIDANCE & CONTROL

Bureau of Aerocnautics
Resident Representative
Bendiz Aviation Corp.
Teterboro, New jJjersey

Development Contract Officer
Bendix Aviation Corp.

11800 Shermsn Way

North Hollywood, Cslifornie

UNCLASSIFIED

COGNIZANT
AGENCY

BUORD

BUORD

BUAERR

ORD DEPT

BUAER

BUORD

BUAER

BUAER

AAF

BUAER

BUQRD

AAF

AAF

AAF
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UNCLASSIFIED

D. COMPONENT CONTRACTORS (Cont'd)
(3) GUIDANCE & CONTROL

COGRIZANT

CONTRACTOR TRANSMITTED VIA
TED VI AGENCY

Consolidated~-Yultee Adrcraft Buresu of Asronautics BUAER
Corporation Repressntative,

S8an Disgo, California Consolidated~VYultee Adrcraft Corp.

Attn: Mr. C. J. Breitvicser San Diego, California

Cornell University ALY
fthaeca, Nev York
Attn: Mr. William C. Mallard, Jr.

Divector, Us8. Navy Electrenics NAVY
taboratory,
8an piego, Californis

Rlectro~Nechanical Resesrch AAF
Ridge Field, Connecticut
Attn: Mr. Charles B. Afken

Parnsworth Televiaion and Rsdic Co. DCO, Applied Physics Jlaboratory BUORD
Fort Wayne, Indians Johns Hopkins University
Attn: dr. J. D Schants 8621 Georgis Avenus,

Silver Spring, Marylesnd

Pederal Telephone and Radio Corp. ALY
200 Mt, Plesssnt Avenue

Newark 4, New Jerasy

Attn: Mr. E. N. Wendell

Galvin Manufacturing Corp. AAF
483408 Auguats Blvd.

Chicago B, Illinois

Attn: Mr. G. R. MacDonald

G. M. Gisnnint and Co., Ine. Bureau of Aeronautics Rep. BUAER
288 west Colorado 8t. 18 South Rsymond 8St.
Pasadena, Cslifornia Pasadens, Cslifornis

Gilfillan Corp. AAF
1615-1049 Venice Blvd.

Los Angeles 8, California

Attn: Mr. G. H. Miles

Hillyer Engineering Co. Inspector of Naval Msterisal BUAER
Nev York, Nav York 90. Church Btreet
Attns Mr. Curtias Hillyer New York 7, New York

Eearfott Engineering Co. Inspaetor of Naval Materisl BUAER
Mew York, New York 80 Chureh 8treet
Attn: Mr. W. A. Reichel Hew York 7, New York
fasr Incorporated AAF
110 Yona Avenue, N.W.
Grand Rapide 2, Michigan
Attn: Mr. R.M. Mock
Manufacturers Machine & Yool Cao. AAF
330 washington Htreet
Mt. Vernon, N.Y.
Attn: Mr. L. Xennsth Mayer,
Comptroller
Minnespolis-Honeyvell Mfg. Co. AAF
2783 rourth Avsnue
Minneapolis 8, Minneaota
Attn: Nr. W, J. McGoldrick,
Yice-President
Ohioc State University AAY
Research Poundation
Columbus, Ohio
Attn: Mr. Thomss E. Davis,
Starlf Assistant
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D,

CONTRACTOR

Haller, Raymond & Brown
P.0. Box 342

State College,
Aten: pr. R

Pennsylvania
€. Raymond, Pres.

Oftice of Chiel S8ignal Officer

Engineering & Technical Bervices,

Engineering Division
Pentagon
washington 38, D.C.
Raytron, Inec.

209 B, washington Avenue
Jackson, Micbhigan

Attn: Mr. John R. Gelzsr,

%+ N:. Bchwein Engineering Co.
8736 Washington Blvd.

Los Angeles 18, California
Attn: L.N. Bchwein,

Esnjor Naval Lisison Oofficer

COMPONENT CONTHACTORS {(Cont’d)
{(2) GUIDANCE & CONTROL

COGNIZANT

TRAN ITTED VIA
sM £ ! AGENCY

AAF

ORO DEPT

AAF

Yice~Pres,

AAF

General Partner

NAVY

U.8. Navael Electronic Lictson Office
Signeal Corps, Englneering L&borstory

Fort Monmouth, New Jersey
S8erve Corporation of Americs
Huntington, L:I., New York

Square D Co.

Xolleman Instrument Division
Elmhurat, New York

Attn: Mr. V. E. Carbonkra

Btromberg~Carlson Cowpany
Roches ter, New York
Attn: Wr. L.L. Bpencer,

Submarine S1gnal Company
PBoston, Masssachusetts
Attn: Mr, Edgsr Horton

gummers Gyroscope Co.

1100 Colorado Avenue

Sants Monica, Californis
Attn: Nr. Tom Summers, Jr.

Bylvania Electrie Products Inec.
Flushing, Long Island, N.T.
Attn: Dr. Robert Bowie

gniversity of Illinois
Urbana, Illinois
Attn: Mr. K. E. Cunningham,

University of Pennsylvanis

Moore School of Electrical Engr.

Philadelphia, Pa.
University of Fittsbhurgh
Pittsburgh, Pennsylvania
Atin: Mr. E. A. Holbrook,

University of Virginia
Physics Department
Charlottesville, Virginis
Attn: pre J. W. Beans

Dean

inspector of Naval Materisl HUAER

90 Church Strest

New York 7, New York
Bureau of Aeronautics Rep- BUAER
80 Church Street

New York 7, Nee York

AAF

Vice~Pres,

pevelopment Contract Officer BUORD

Msssachusatts Institute of Technology
Cambridge 39, Msssachusetts

AAF

Inspector of Naval Material BUORD

@0 Church Street
New York 7, New York

AAF

Sec.

Commanding Officer BUAER
Naval Alrcrsft Modification Unit

Jahnsville, P&«
AAF

Development Contract orficer BUORD

University of Virginia
Chariottesyillv, Virginis
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LNCLASSIFIED

D. COMPONENT CONTRACTORS {(Cont'd)
{3) SUIDANCE & CONTROL

COOUXIZART
AGENRCY

Washington University AAr
Resesarch Poundation

81308 Poraythe Blvd.,

Clayton &, MWissouri

Attnt Dr. R. G. 8pencer

COXTRACTOR TRANBMITTED VIA

Westinghouse Eleotris Corp. AAY
Springfield, Maseachusetts
Attn: J.K.B. Hare, Vice~-Pres.

(Dayton Office)

Direotor of Bpescialty ORD DEPT
Produc ts Development

Whippany Radio Laboratory

Whippany, K.J.

Attnt Mr. N.H. Cook

Zenith Radio Corporation AAF

Chicago, Illinots

Attn: Hugh Roberteon,
Exscutive VYice~Pres.

{3} PROPULBION

Asrojet Enginesring Corp. Bureau of Asronautics Rep. BUAER
Azuns, Californis 13 South Raymond Strest
Attn: K.F., Mandt Pasadena, California
Armour Research Foundation ORD DEPT
Technioal Center,

Chicago 18, Illinofe

Attn: Mr. W. A. Casler

Arthur p. Little, Inc. ORD DEPT
30 Memorisl Drive,
Cambridge, Maes.

Attn: Mr. Helge HRolst

Battelle Memorial Institute AAF &
805 King Avenus BUAER
Columbue 1, Ohio

Attat Dr. B. D. Thomas

Bendix Aviation Corp. Dsvelopment Contract Officer BUORD
Pacific Division, SPD Weat Bendix Aviation Corp.

N. Nollywood, Calif. 11400 Sherman Wsy
N. Hollywood, Caltf.

AAF

Bendix Producta Division
BUORD

Bendix Aviation Corporstion
401 Bendix Drive

Bouth Bend 20, Indiana
Attnt  Mr. Frank C. Mock
Commanding General AAY
Army Alr Forcee

Pentagon

Washington 20, D.C.

Attn: AC/A8~4 DRE-2E

Commsnding General
ALr Materiel Command
wright Field Dayton, Ohio
Attn: TSEPP-4B(2) TSEPP-4A (1)
TSEPP-SA (1) TREPP-SC(1)
TSORE~- (1)
Commanding Offfcer ORD DEPT
Pioatinny Araensl
Dover, Kew Jereey
Attnt Technical Division
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UNCLASSIFIEY

D. COMPONENT CONTRACTORS (Cont'd)
(3) PROPULSION

CONTRACTOR TRANSMITTED VIA CoaRiZANT
AGENCY
Commanding Officer ORD DEPT
wWatertown Arsenal
watertown 72, Massachusetts.
Atta: Laboratory. -
Continental Aviation and Engr. Corp. Buresu of Aeronautjics Rep. BUAER &
Detroit, Michigan 11114 French Road AAY
Detroit 8, Michigan
Curtiss~-Wright Corporation AAF
Propeller Division
Caldwell, New Jersey
Attn: Mr. C. W. Chillson
Experiment, Incorporated Development Contract Officer BUORD
Richmond, Virginia P.0. Box 1-%
Attn: Dr. J. W. Mullen, II Richmond 2, Virginis
Fagrchild Asrplane & Engine Co. Buresu of Aeronautics Rep. BUAER
Ranger Alrcraft Engines Div. Bethpage, L.I., N.Y.
Farmingdale, L.I., New York
Qeneral Motors Corporation Buresau of Asronsautics Rep. BUARR
Allison Pivision General Motors {orporation
Indianapolis, Indians Allison Diviston
Attn: Mr. Ronsld Hszen Indisnspalis, Indisna
G: M. fissnning & Co., Inc, AAT
288 W. Colorado 8t
Pasadasns, Cslifornia
Hercules Powder Co. Inspector of Nsval Material BUORD
Port Ewen, X.Y. 80 Church Straat
New York 7, New York
Marqusrdt Atrcraft Compsany Bureau of Aeronsutics Rep. AAT
Venjice, California 15 Bouth Raymond Street BUAER
Attn: Dr. R. E. Marquardte Passdena, Cslifornis
Menasco Msnufacturing Co. AAF
805 E. Ssn Fernando Blvd,
Burbank, Cslifornias
Attn: Robert R. Miller
Exec. Vice-Pres.
Jew York University v tnspactor of Naval Msterial BUAER
Applied Mathematics Center 80 Church Street
New York, New York New York 7, New York
Attn: Dr. Richard Coursnt
Office of Chisf of Ordnance ORD DEPT
ordnance Researech & Development Div.
Rosket Branch
Pentagon,
wWashington 28, D.C.
Polytechnic Institute of Hrooklyn Inspector of Nsval Nsterial BUAER
Brooklyn, New York 80 Church Street
Attn: Mr. R.P. Barrington New York 7, New York
Purdue University Inspector of Naval Naterisl
Lafayette, LIndiana 141 ¥. Jackson Blvd.
Attnd Mr. G. 6. Meikel chicago 4, Illinols
Reaction Motors, Inc. Buresu of Aercnsautics BUAER
1ake Denmark Resident Representstive
Pover, New Jersey Resction Motors,; iInc.
Naval Ammunjition Depot
Lake Denmark, Dover, N.J.
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[INCLASSIFIED

D. COMPONENT CONTRACTORS (Cont’d)

{3) PROPULSION

CONTRACTOR TRANSMITTED VIA COGNIZANT
AGENCY

Rensselser Polytechnic Institute BUORD
Troy, New York
Attn: Instructor of Naval Scilence
Solar Alreraft Company ) ORD DEPT
San Diego 13, Californis
Atta: Dr. M.A. Williamson
Btandard 011 Company pavelopment Contract Qfficer BUORD
Beeo ladboratories Standard 011 Company
Elizadbeth, New Jarsey Esso laboratories, HBox 343

Elizabeth, New Jersey
University of Virginis Development Contract Officer BUORD
Physics Departaent University of Virginis
Charlattesville, Virginis Chaerlottesville, Virginis
Atta: Dr. J. W. Beans
University of Wisconsin inspector of Naval BUORD
Madison, Wisconsin Msterial,
Attnl Dr. J.0. Hirschfelder 141 W. Jackson Rlvd.

Chicago 4, Illinois
Westinghouse Electric Co. Buresu of Aeronsutics BUAER
Essington, Pennsylvanis Resident Representative

Wesntinghouse Electric Corp.

Essington, Pennsylvanis
Wright Aeronsuticsl Corp. Bureau of Aeronsuties Rep. BUAER
Woodridge, Nev Jersey wright Aeronsutical Corp.

Woodridge, New Jersey
fethlehem Steel Corp. Supervisor of ghipbuilding, USBN BUAER

Shipdbuilding Division Quincy, Msss.
Quiney 69, Maas.
Attn: Mr. B. Fox
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